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A]_RACT

C_nposite materials were developed and evaluated for the shell

structure of launch vehicle tanks containing pressurized fluid propellants.

"Composite materials" as defined in the program included conventional sand-

wich concepts as well as the more purely mterial composites, such as glass

fibers in a resin matrix. Composites in the form of sandwiches were

compared analytically with a base point composite, honeycomb sandwich with

aluminum alloy faces. Criteria used for comparison were weightp eoml_ti-

bility with propellants, availability, and manufacturing produclbillty.

Sandwiches studied had composite faces of high strength filamentary

materials, such as glass and steel wires in organic resin or aluminum

matrices, or monolithic faces, such as high-strength titanium alloys and

steels. Composite facing materials with glass fibers and wires were fabri-

cated and tested to establish fabrication methods and design properties.

Honeycomb sandwich cores of aluminum, titanium, glass fabric, and mylar,

and corrugations were studied for their efficiency for sandwich stabiliza-

tion and for thermal inslu!_tlon of the cryogenic fluids. Honeycomb sand-

wich confi_m_rations were fabricated in small flat panel sections and

subjected to strength tests at room temperature, _IRF_ -I09F s -320F, and _3F.

These configurations included sandwiches with both faces filamentary compo-

sites, sandwiches with both faces zono!ithic metalsp and sandwiches with

one face of each type. Face-to-core Joining was accomplished with organic

adhesives. Tests conducted evRluRted the a_ndwich panels under edgewise

compression iceding_ the cores and the face-to-core bonds under flatwise

tension, the cores _.der f!_twise compression and under shear loading_d_

the face materials under straight tension. /J/1_/_
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IK/_OIECTION

The demand for ever-increasing pay load launch capability in space

boosters necessitates the develoI_ent of structures with maximum efficiency

which will also meet the mandatory high levels of integrity and reliability.

Achievement of maximum efficiency in SATURN tank vails depends larsely upon

the use of materials with low density in relation to their strength and

stiffness. In areas where fluids are contained_ additional material require-

ments of sealing and compatibility with cryogenic Liquids and temperatures

must be met.

Current configurations for SATURN tanks are based on the use of hash

strength aluminum alloys_ Reference (1). Examination of the candidate

materials reveals that there are a number with strength to density or

stiffness to density ratios appreciably greater than those of the aluminum

alloys. A representative list of the more important of these materials

and their critical properties is shown in Table I. The properties of two

aluminum alloys which are currently utilized in SATURN tanks also are shown

in Table I for comparison.

The titanium_ steel and magnesium alloys and the_beryllium in Table I

can all be procured as sheet or plate and can effectively be utilized in

those forms in SATURN tanks walls. Utilization of the high strength fibers

and wires, however, can be effected only in some form of composite_ in

which the filaments are combined with another material which furnishes a

continuous matrix for s_abiliz_tion and loading. A typical composite of

this kind is glass fiber reinforced resin.

1
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TAItLE I

HIGH STRENGTHMATERIALS

MA_RIAL TENSILE ULTIMATE EIAS_IC MOI_LUS

_ENSITY DENSITY

(INX Z03) (m X 105)

ALUMINUM ALLEYS

2219T87 62O 1000
2014 T6 670 i000

TITANII_ ALLOYS 700 - 1200 900 - 1200

ALLOY STEELS 700 - 1000 950 - 1050

_G_ESI_ ALLOYS 40O - 600 1ooo - 13oo_

STEEL PIANOWIRE 5850 zo6o

GLASS FX_ES 7600 1370 - 1650

BORON FIBER 5000 5500

The efficient utilization of the materials of Table I in SATt_N

tank walls will_ in general I require that they be stabilized in some

manner to enable them to resist relatively large axial compression loads

without buckling. One efficient _thod of accomplishing this is by

utilizing the materials as two faces of a sandwich constructionj Joined

and stabilized by some type of core, for example honeycomb or corrugations.

A determination of the potential efficiency of the high strength

materials in comparison with the current SATURN tank _Aterials would

require their evaluation in some representative base point structure.

A convenient and meaningful base point configuration for such a comparative

2



study would be the double-faced sandwich construction mentioned above.

Other factors to be taken into consideration in assessing the

potential usefulness of the hi@h strength materlals are availabillty_

fabrlcabillty, and compatlbility with the contained propellant fluids.

Early system usage of the materials is an objective. It is necessary,

therefore, that the materials can be made available in the quantities

and sizes required for tank production. Efficient and reliable methods

of shaping and Joining them into the desired composite configurations

should require a minimum of development.

Since the end product is a container for cryogenic or hydrocarbon

propellant fluids, it is necessary to consider potential chemical

reactions of the fluids with the container materials and the possibility

of diffusion of the fluids into or through the r_terials. Where such

_henomena may occur, consideration r/_st be given to nethods of sealir_

the container inner wull.
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OBJECTIVE AND ,_X)PR

The objective of this program was to develop and evaluate

composite nnterials for the shell structures of SATURN tanks

containing the following propellant fluids : liquid nitrogen, liquid

oxygen, liquid hydrogen, and hydrocarbons. The princil_ criterion

used to select composites for study was a comi_rison of their unlt

weight with that of aluminum honeycomb sandwich. Other criteria used

in the selection of composites were, availability, fabricability, and

Coml_tibility with propellant fluids.

In order to simplify the weight comparison and also to avoid a

design configuration study_ the composites were studied in the form of

simple double face sandwiches. For the purpose of this program, there°

fore_ the term "composite" refers to sandwich constructions as well as

to the multiphase ccmposlte materials such as glass fiber laminates which

may be used as alczents of the sandwich.

To accomplish the objective the pro_am was conducted in the

following three phases:

i. Literature and Industrial Survey

• A c_prehensivc survey was made to ascertain the state of the

art in potentially applicable composites.

2. Ex_oerimental Phase I - Sc:'cening Col_osites

Various core aud facing m_tcrlais _-cre evaluated for their

fabrlcability ._nd for their suitability as elements of sandwich

composites. _A_i.lz_ these nuate_.'ials,twelve _andwich com-

posites (t_zcc for u_ _Ith each of the four fluids) were

4
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@

fabricated in flat l_nel sections and subjected to various

screening tests at roan temperature,

Experimental l_se II - O_tin_n Composites

Based on the screening study_ four optimum composites

(one for each fluid) were fabricated in flat panel sections

and mechanically tested at five temperatures fr_n --423 F to

+212 F,



NORTH AMERICAN AVIATION, INC. / LOS ANGELES OIVISIOII _,.63.13,_,_

_RY

LITHargE AND _EU_XAL SURV_

A survey was conducted to renew the s_tua of composite m_ter£sX

systems including filamentary materials and sandwich construction,

High strength monolithic steels have been prol_sed and utilIze_ as

sandwich facings in aircraft structure. These have been successfall_

brazed or adhesively bonded to honeycomb cores or welded or mechanically

Joined to corrugated cores. Titanium alloys have been proposed as sandwich

facings for highly loaded structure t including aircraft and booster tankage.

Joining of titanium to honeycomb cores by brazing_ adhesive bondlng_ welding s

and solid state diffusion bonded has been attempted. None of these metho4s

of Joining titanium is completely satisfactory at present.

High strength glass fibers in a resin matrix have been proposed and

utilized in both non-sand_rich and adhesively bonded sandwich structures

includ/ng aircraft and rocket motor tankage.

Other high strength filamentary m_terials_ such as steel wires and

recently I boron fibers have been proposed for tanks and other structure.

Recent work on the solid state bonding of such filaments in aluminum or

titanium _trices may enhance their potential as materials for fluid

containment. Very little information was found concerning the application of

any composite materials under characteristic SATURN conditions where tank

walls are relatively thin clueto low internal pressur_e and the axial com-

pressive stresses are relatively high.

6
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EXl__ I_SE I - SCREENING C£_SI_S

• Analytical studies indicate that the following materials, are more

efficient than high strength aluminum as facing materials for flat sand_rAeh

l_nels simulating sections of SATURN tank walls:

High strength titanium alloys

High strength alloy steels

Glass fibers or steel wires in a l_stic matrix

Steel wires in an aluminum or titanium matrix

Boron fibers in a plastic or aluminum matrix

Beryllium

Due to decreased core depth and, hence decreased core weight, materials

with low elastic modulus, such as glass fibers in plastic, tend to be re-

latively more efficient vith decreasing loads as illustrated in the accc_ng

figure.

TOTAL PANEL WEIGHT

LB/FT 2 Alu_inum

(E - 1o x 106 psi)

" _ (E = 16 XlO ° psi)

1!7

I Lik 

COI_STA}_ FrOOP LOAD

,v,,-_-:_,.._ jr,_._ n;_'S!TY

--,,.

AXIAL COMPP_SIVE lOAD

A study indicated that a tem_er-

rature difference between the two

faces of a sandwich may necessitate

increasing facing thicknesses, and

hence weight, to eliminate thermal

stresses. Choice of face materials

with low modulus of elasticity and

coefficient of expansion, for ex-

ample glass fiber, may reduce the

theiT_l stresses without veight

penalty.

7
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Several types of filamentary composite facing materials were investi_ed

to obtain fabrication experience and property data. Thin sheets of glass fiber

and steel wire_ alone or together in a plastic matrix_ and steel wire adhesiYely

bonded between aluminum or titanium sheets_ were fabricated and tested for

tension and compression properties. The results indicated that while it is

possible to analytically predict the strength of these materials_ considerable

work in fabrication and testing will be necessary to obtain reproducible

results in tests.

Flat sandwich panels of twelve different configurations were designed

for SATURN room temperature conditions t fabricated I and tested at room tem-

perature. Design loads for the panels were as follows.

Ultimate Hoop Tension Ix_d = I0_400 Ib/in.

Ultimate Axial Com.pressive Load = 4000 ib/in

Facing sheets of these panels were of high strength I monolithic titanium

alloys or steels t aluminum with embedded wires_ glass fiber in plastic I and

_ss fiber and metal wire together in plastic. Physical investi_tion of

boron and beryllium faces was considered oLltside the scope of the program.

Sandwiches for use wi_h liquid oy_'gen3 liquid nitrogen_ or hydroc_arbon fuels

had low density alu_inu_ o_° tit_niu_ honeycomb core. Sandwiches for use with

liquid hy?_ogen had a duplex core of alumimun and glass honeyc_ib designed to

reduce overall weight by providing both insulation for contained hydrogen and

stabilization for the sandwich facings. All face-to-core joini__g was by

adhesive bonding.

_'eights of each of the t_:e!_e screening composite sand_¢Iches were lower

than that of a honeycomb s_n_i_ch with 2_19-T8_ _lu_inun alloy facings. The

percentage weight reductions for the s_ndwiches with lowest weights in comp_rl-

8
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son with aluminum sandwich with the same type of core were as follows:

Screening Composite
0utside Face

Inside Face ....

Weight Red_ctic_

Ti-6AI-4V Ann

2014 AI + Wire

_014 AI '+ Wire iS

Ti-6A-4V ST

_014 AI '+ wire 19

Glass Fiber in Resin

Glass Fiber in Resin i0

Ti-6AI-4Y ST
16

PHI5-7Mo Steel

PH15-TMo Steel 11

T:-6AI-4VST
Ti-6AI,4VE_ 25

Tests on the screening composites showed crratic strengths in the face-

to-core adhesive bonds, due primarily to inadequate core and face cleaning

procedures. The sandwiches exceeded their design load requirements in edgewise

compression tests except where low bond strengths at titanium faces caused pre-

mature f_ lure and where nzrgin of safety was low in class and aluminum + wire

faces,

EXPE_D_IFIAL PHASE II - 0P_I_I_4C0!,',/OSITES

The following four screening composite sandwich confioourations were

selected for fabrication and testing as optimum composites at 212 F, R.T._

-109 F, -320 F_ and -423 F.

Facings Cores

i. Ti-6AI-I_V-Ai_ (both faces) Titanium d.C.

9
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Facings Cores

2. Glass fiber in plastic Alumimm H.C.

3. Ti-6AI-4V-HT (outside face)
Aluminum + wire (inside face)

Duplex, aluminum HU
+ glass fabric _C

 5-7Mo (both faces) Aluminum H.C.

The sandwiches were chosen primarily for their weight advantages. The

inside aluminum + wire face of the duplex core sandwich was chosen also for

compatibility with the cryo&_nic fluids. Incorporation o_ the wire in the

aluminum permits the utilization of the titanium at a high tension stress level

as illustrated in the accompanying figure.

T_ISILE •

STRESS

kSl

_ q.-_ Titanium

A1 or AI + Wire/

ri limit stre_ A1 + Wire

/ I / AI + Wire limit

2i stress/ _ ...... stress (Ftu/l.A)

: //y --__A1 li_it stress

y

STP._!N

T_SiON TEST

Tests were conducted on the

four optimum composites to evaluate

face tension strength, core strengths,

core-to-face bond strengths and

stability under edgewise compres-

sion loading. Core-to-face bond

strengths were found to be much

Lmproved over those obtained in

the screening, composite tests_ due

to ir:_provedcleaning procedures.

The load-carrying ability of the

titanium/aluminum + wire# and the

glass fiber sandwiches in edge-

wise compression tended t.,t, p_ak below roo_a te_zper_.tureas shown in the

acco.-.pan_[ngf_gures. The reduction in ic_%d car._jringability under compresssion

loads at high and low tempera_res was considerel as prnk_Oly largely attribut-

able respectively to reduced high temperature stren_th in the ozonic bond and

I0
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COMPRESSION

ULTIMATE

KSI

I
i00

COMPP__SION

ULTIY_iTE

KSI

A± _ Wire

an.i_

5o

Stress A1 + Wire \

wire
Design Stress

G_es

/

_.LaSS

Stress
\

Glass_ Fiber
Sheet

RT

TDIP_ _"_JP_EOF

CO?,_?"_SION TEST
T,____RATURE OF

CO}hORESSION TEST

KT

low temperature embrittlement in the bond. The PHlS-7_b sandwich continuousl_

increased in compression strength d_ to -320_ the lowest temperature at

which it was tested s due to a very high face to core bond strength.

Tension tests conducted on the glass fiber composite faces showed peak

strengths at intermediate temperatures due to deleterious effects of both

high and low temperatures on the resin matrix. Tension tests on the almninum

+ wire faces showed continuously increasing strength down to -423 F.

11
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LITERA_RE AND INDUSTRIAL SURVEY

A literature and industrial survey was initiated to revie_ the status

of composite material systems and to provide guidance during the experimental

phases of effort. The sources of the required information were:

i. Defense Docume_ation Center Abstracts

2. _SA Automated Search System

3. Patent Search

4. North American Aviation_ In. 3 Space and Information Systems
Division (NAA/S&ID)

5. North American Aviation_ Inc. I Rocketdyne Division

6. Published blbliographles

7. Industrial and Governmental Sources

In addition to these sources_ information was obtained from various research

and engineering organizations within NAA/LAD.

Defense Documentation Center Abstracts - A search of DDC abstracts was

conducted for documents concerned with sand_ich, composite materials structure_

l_n_nated structures_ reinforcing raterial% and cryogenics. The search re-

vealed approximately 3_O documents in these general areas. A review of the

docu_uent abstracts indicated that about 30 of the doc_nents relate to the

program. These are listed in Reference 2.

_TASA Auto:Tnted _e_rch System - A cor:_putersearch by this system _as conducted

fo!" the biblio_aphic Infon_tion on composite mterials_ sandwich structure_

and pressure vessels that is contained iu the _ASA Scientific and Technical

Aerospace Reports and AI/_ Inte-national Aerospuce Abstracts. The search

r_vealed ap_roxlmately 200 doc1_rents. These are listed in References 3_ 4

and 5.

12
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Patent Search - A search conducted by the NAA Corporate l_tent files for

disclosures on composite mate_ als/structures revealed twenty-four l_tents

on these subjects. None of these w_s considered closely related to the

program.

N_orth American A_ation t Inc. t Space and Iuforma_ion Systems Division

Discussions were held concerning NAA/S&ID work in related programs. D_

was obtained reg_rding criteria used in the construction of the SATURN S-2

stage. Discussions were held concerning their completed Air Force Program

Contract No. AF 33(600)-43031 on the design_ fabrication and te_ting of

wound glass motor cases and contract No. AF 04(611)-8505 on the design and

fabrication of titanium tankage, References 6_ 7 and 8.

North American Aviation, Inc. 2 Rocketdyne Division - Discussions were held

with NAA/Rocketdyne concerning their efforts in the field of composite

materials_ particularly in the ease of glass f_lament-w_and composites.

Published Bibliographles - Several published bibliographies on composite

materials available at HAA/LAD, such as Reference 9 and i0 were reviewed for

sources of information pertinent to the program.

Industrial and Governmental Sources : Discussions were held with the followin_

industrial sources concerning their efforts in development or application of

composite materials for tankage applications.

i. Harvey Aluminum Com_my_ Torrance_ Ca!ifornia_ concerning their

current NASA sponsored progrem to develop a composite material of

aluminum and high strength piano wire.

2. Douglas Aircraft Company t Santa Monica# California_ concerning

their current NASA sponsored prod-am to develop and test lined glass

filament-wound tankage of liquid hydrogen containment.

13
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3. General Dynamics/Astronautics, San Diego, California concerning

their work on the investigation of composite sandwich structures

for the CENTAUR program.

4. U. S. Air Force, Research and Technology Division concerning their

work in high strength metals s especially titanium, and in high

strength fil_ments and filamentary composite s.

5. U. S. Naval Applied Science Laboratory concerning their work on the

compression prope_ies of wound glass filament laminates.

6. U. S. Navy Bureau of Ships concerning their work on high strength

monolithic aluminum I steel, and titanium and filamentary glass

composite materials for pressure hulls.

7. NASA, Langley Research Center and NASA I Lewis Research Center

concerning their work in high strength metallic and non-metallic

composite materials.

The principal results of the survey are s_rized below. Specific

references to data obtained from the survey are made throughout this report.

I. The literature on composites and composite materials was found to be

quite voluminous. ._ny of the nu_nerous documents on the subject that

were locate d had long reference lists or bibliographies. Only a

relatively few sources were found, however, that were concerned with

the development or apr!i_ation of sandwich composites for conditions

s_nilar to those o_ interest in this proem. _ny references were

concerned with the "r_ieron_ci_nics" of filo_,entary materials and

filamentary composites, or with hich tenp_r_ture composites, subjects

that were considered outside the scope of the present program.

2. A nunber of hi_j_ strensth monolithic metals have been evaluated for

14
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or actually found application as facings for sandwich in highl_

loaded structures including advanced tankage, References 7, 8, and 11

through 14. Interest has centered chiefly on the high strength

aluminum and titanium for tankage aI_Yications. A great quantity

of data has been generated on the sandvich ayplicatlon of preetpa-

tion hardening stainless steels, for example in the development of

the XB-70 airframe. Almost no information vas found on the use of

two different materialsused together as the princil_l load bearing

elements in a composite sandwich.

Considerable advancement in the state-of-the-art has developed around

the design, manufacture and testing of wound glass filamentary

composites for primary structure including tankage, References 6 and I_

through 20. Some of these developments have potential applicability

to the present SATURN ccmposite program, in particular to (i) the

manufacturing and processing techniques associated with tank winding s

(2) the properties of the component materials (glass fibers, resins,

etc.), and (3) the design and fabrication solutions, characteristic

of filamentary composites, that are required for Joining, edge

attachments and cutouts. Apl_rently, there have been relatively few

studies of wound glass filament composites for compression and buckling

situations and even fewer for combined buckling and internal pressure

conditions. However, the little work that has been done indicates

that very high efflciencies may be obtained.

Some development work has been done on c_posites incorporating

steel wire in a resin m_trix_ Reference 21 and 2_ As in the case

of glass there has been very little evaluation of compressive

properties.

15



_. Progress in the development of new high strength f_mnentary _ter_s

has proceeded to the point where it can be predicted tl_t s_me of

these will eventually be available for use in hardware. FAith of

the work in this area has been aimed at high temperature applica-

tions Reference 23. However s certain of the filaments s notably

boron, alumina, and new glass composltions_ prc_/se to be very use-

ful at near room and at cryogenic temperatures. Much of the

technology that has been developed for the construction and utiliza-

tion of glass resin laminates will be applicable to the new fibers.

6. Recently I work has been done in developing composite materlals

consisting of high strength filaments in metal matrices_ References

24 through 27 • While none of these materials could be made available

in sizes and quantities suitable for use in the present program_

some of the compositions t notably steel wire or boron fiber in

aluminum or titanium matrices_ may have considerable potential for

booster tank application. Anticipated advantages of metal matrix

composites over resin matrix composites are their relative imper-

meability to liquids and their adaptability to conventional Joining

methods_ such as welding.

7. The joining of aluminum alloy and glass laminate facing materials to

sandwich core has been accomplished principally by adhesive bond/ng.

Precipitation hardening steel facings and cores have been successfully

brazed together. Considerable progress has been made in Joining

titanium faces to high density honeycomb_ by solid state diffUsion

bondlng_ References 28 and 29. Hovever_ the problem of Joining Of

titanium to light low density honeycomb cores of any kind has not yet

been satisfactorily solved. Difflculty has been general_y experienced.

16
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in obtaining adherence of adhesives to titanium, Reference 6. A

number of brazing alloys have been evaluated for use in Joinlng

titanium honeycomb sandwich but each has shortcunlngsj such as

excessive fluidity or parent metal embrittlement or corrosive attack.

Some work has been done in the Joining of dissimilar materials by

solid state diffusion bonding_ Reference 3_

Sandwich facing mterials_ including monolithic metals and glass

fiber laminates, have been evaluated extensively at cryOgenic temper-

atures for mechanical and physical properties Reference 31through 33.

Much less test evaluation has been accomplished on sandwich structures

at very low temperatures.

17
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EXPERIMENTAL PHASE I

SCREENING COMPOSITES

ANALYTICAL STUDIES

In order to provide guidance as to what materials and configurations

should be fabricated and tested in the screening phase, the following

analytical studies were conducted:

Preliminary Weight Comparlsons

Axial Load Effects

Honeycomb Core Comparisons

_ermal Gradient Effects

PRELIMINARY WEIGHT COMPARISON

Composite Re quirements

While the subject program is not directed toward any specific SATURN

components, _eneral requirements must be established in order to assure

realistic weight comparisons bet_men different types and arrangements of

composites. General assumptions were, therefore, made as to fuel tank

pressure, axial load level, and tank size, since each of these parameters

has a significant influenco on the type, orientation and size o? the

composite material elements, and the total weight. _he core dimensions

and weight, for example, are a f_uctlon o_ both axial load and shell

radius, _:hile the tank wall must be de=igne_ for hoop tension, which is a

_w_ct_on of iatern_l pressure sad shell radius.

Althou_L the program _-_s mot di.-ected toward any general parametric

18
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studies of variations in loads and shell sizes, applicable analytical

formulas were established to provide a basis for a weight comparison of

the composites and to indicate the way in which certain parameters

influence the weight of the composite elements.

The following requirements, which are representative of SATURN

conditions, were established in order to standardize the preliminary

weight analysis of composites:

I. Tank Shell Radius = 200 inches.

2. Hoop Ultimate Load = I0,4OO Ib/in (equivalent to 51.9 pslg

ultimate tank internal pressure).

3. Axial Ultimate Load = 6000 Ib/in.

4. Configurations are uniformly at room temperature.

The following formulas for the calculation of sandwich core depth

were derived from Equation (5) of Reference 34. The core depth C is

governed by the requirement for general stability in a cylinder under

axial compression loading.

For sandwiches _ith t';o face sheets of the same material,

C = Pult R (i)

Et

%_ne re

C = core depth

°ul t = u_._ima_e cock,rest!on load/inch

R = tank shell radius

--:'ace sheet elastic modulus

t : _hle_._ess of one face sheet (assuming inner and outer

faces are or" e_ual thickness)

19



For sandwiches with dissimilar face sheets,

c. P, It" (2)
(E° to Ei ti ?/2

The notation is as above except that the subscripts "o" and "i" 2nd_eate

outer and inner face sheets, respectively.

Comparison with Aluminum Sandwich

A preliminary weight comparison study was made of aluminum honey-

comb sandwich and a number of sandwich composite configurations. The

results of the study are shown in Figures la to Id. The standard

aluminum sandwich is listed followed by the other configurations in order

of increasing weights.

Table II identifies the configuration materials and associated

properties. _he materials are in general a selection from the high

strength materials discussed previously (see INTRODUCTION) which at this

point in the program appeared available for fabrication and testing. An

exception is the boron fiber _Ich is available in very limited quantities

only, but is included to show the potential of advanced fibrous materials.

Beryllium is included as a matter of interest although its investigation

was considered outside the scope of this program due to cost and safety

factors.

For the purpose of the weight comparison of Figures la to id a

3 ib/cu ft core was used in the honeyccmb configurations. This was con-

sldered to provide for the stabilization of the face sheets and for

transfer of internal pressure loads bet_en the sandwich faces. Corru-

gations were sized to transfer internal pressure loads between faces and

to provide stability for the face sheets.

20
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i

/_'--'-----'-'_ HOOP
AXIAL

ALUMINUM 2219-T87

111111111111111
ALUMINUM 2219-T87

BORON IN PLASTIC

BORON IN PLASTIC

I

BERYLLIUM

IIIIII
BERYLLIUM

BORON IN ALUMINUM

BORON IN ALUMINUM

GLASS FIBER IN PLASTIC

|IllIlIIIIIIIIIIIIV

GLASS FIBER IN PLASTIC

OUTSIDE

FACE

LB/FT 2

1.16

(T =. 081)

0.54

(T: .050)

0.68

(T : .071)

O. 72

(T : .050)

0.57

(T : .050)

INSIDE
FACE

LB/FT 2

1.16

(T = .081)

O. 54

(r =. 050)

0.68

(T = .071)

O. 72

(T = .050)

0.57

(T -- . 050)

CORE

LB/FT2

0.36

(C = 1.42)

0. 30

(C= 1.20)

0.09

(C = O. 39)

O. 90

(C= 3.26)

TOTAL

LB/FT2

I I

2.68

I. 38

1.45

1.85

2.04

FIGURE 1 a PRELIMINARYWEIGHT 00MPARIBON
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TITANIUM (HT)

TITANIUM (HT)

GLASS FIBER IN PLASTIC

TITANIUM(HT)

MARAGING STEEL

MA RAGING STEEL

TITANIUM (ANN)

 llllllllJllllll

TITANIUM (ANN)

w

PH15-_STE_

OUTSIDE
FACE

LB/FT 2

O. 73

(r = .032)

0.63

(T = .055)

0.76

(r = .018)

0.88

(T -- .038)

I.O0

(T = .025)

INSIDE

FACE

LB/FT 2

O. 73

(T = .032)

0.73

(T - .032)

0.76

(T = .018)

0.88

(T = .038)

1. O0

(T = .025)

CORE

LB/FT 2

O. 58

C = 2.32)

0.72

(C = 2.90)

0. 59

C = 2.37)

0.47

(C= 1.86)

0.34

(C = 1.50)

TOTAL

LB/FT 2

2.04

2.08

2.11

2.23

2.34

FIGURE 1 b PRELIMINARY WEIGHT COMPARISON
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I

/L.- w--_ HOOP

AXIAL

I

PH15-7 MO STEEL

,,<',,,,,,,,,/IIIIIII

PIll5-7 MO STEEL

TITANIUM (ANN)

 11'111111111, 

A LUMINUM 2219-T87
II

ALUMINUM t WIRE

ALUMINUM 4- WIRE

PH15_. STEEL_

/_/TITA NIUM (ANN)

 ×NV

IN PLASTIC CORRUG

OUTSIDE
FACE

LB/FT 2

1.00

(T = .025)

1.33

(r = .058)

1.06

(T = .054)

I.00

(T = .025)

0.91

(T = .039)

INSIDE
FACE

LB/FT 2

1.00

(T = .025)

0. 83

(T = .058)

1.06

(T = .054)

1. O0

(T =. 025)

1.01

(T =. 088)

CORE

: LB/FT 2

0. 39

(C = 1.-55)

0. 29

(C = 1.17)

0.33

(C = 1.37)

0.63

(C = 1.50)

0.77

(C = 1.32)

TOTAL

LB/FT 2

2.39

2.45

2.45

B. 63

2.69

FIGURE 1 c PRELIMINARY WEI_T COMPAB/SOM
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/t__.__------#_ HOOP

AXIAL

301 _

Ji _--301XFH

301XFH--J CORRUG.

310
FH STEEL 7

!GLASS FIBER

IN P LA STIC

310 FH

CORRUG.

MAGNESIUM LITHIUM

/Id
MAGNESIUM LITHIUM

OUTSIDE

FACE

LB/FT 2

0.84

(T = .021)

1.07

(T = .026)

1.92

(T = .272)

INSIDE
FACE

LB/FT 2

0.84

(T : .021)

1.29

(r =. 112)

1. 92

(r =. 272)

CORE

LB/FT 2

1.27

(C = 1.36)

0.75

(C = 0.95)

0.05

(C =. 20)

TOTAL

LB/FT 2

2.95

3.11

3.89

FIGURE 1 d PKELI}tINAKYWEIGHT COMPARISON
2_
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In configurations having similar materials in opposing faces, the

face sheets are sized to obtain stresses in the hoop direction equal to

their material design allowables. However, in configurations with

dissimilar face materials (for example, titanium and aluminma), it was

necessary to consider strain compatibility in sizing the face sheets.

In general, the stresses were limited to values which would not produce

permanent set in the lower-yield strength material of a dissimilar

material combination. At this preliminary stage, only an approximate

analysis of the strain compatibility was considered necessary. It was

recognized, however, that a more sophisticated analysis would be required

for final selection and design of composites to be fabricated and tested.

The configuration total weights shown in Figures la to id are

obtained from the weights of skin and core alone. No weights are

included for Joining (for example, braze or adhesive ) or for any pro-

tective coatings.

Some significant observations can be made from the results of the

preliminary weight comparison. I number of configurations appear

potentially lighter in weight than the aluminum alloy faced honeycomb

sandwich. In general these configurations have faces of materials with

higher strength to density than aluminum. Outstanding are configurations

containing titanium, glass flber sheets with or without embedded steel

wires, maraging steel, beryllium, and boron fiber sheets. .Aluminum with

embedded steel wire appears somewhat better than aluminum in this analysis.

It is noted that, in general, the corrugated configurations do not

show to advantage when compared with honeycomb configurations having the

same face materials. This results, principally from the fact that face
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sheets with isotroplc properties are sized by the i0,000 ib/In hoop load

and can alone carry the smaller 6000 Ib/in axial load. _he axial ioado

carrying capabilities of the corrugations are therefore not taken

advantage of in the present comparison. In design situations where the

axial load exceeds the hoop load, configurations with axlal corrugatlons

would tend to offer greater relative advantages. Detail design to

specified dimensional and loading parameters would be necessary to

qualify the gain. The lightest corrugated configurations were obtained

with the low density core materials, aluminum and magnesium.

In some sandwich faces a high strength wire or fiber is added to a

matrix of aluminum. In these cases the direction of the wire or fiber

is such that the matrix supports the axial load and the wire or fiber

provides an increment of support for the higher hoop load. It is inter-

esting to note that high modulus fibers, such as boron, when added to

the metal in the hoop direction, contribute to axial stability and permit

a decrease in core depth, C. _hia follows from equation (1) above, where

E is the geometric mean of the elastic moduli in the hoop and axial

directions.

In general, no weight advantage was gained from the use of two

_ulike faces in a sandwich. Such configurations were, in general, heavier

than one _'Ith two llke faces of the more efficient material, owing to the

restriction of strain compatibility (see discussion above). However, a

weight advantage may be gained by a sandwich with unlike faces in a case

where compatibility with the contained fluid is a consideration. For

exampie, optimum weight may be obtained through use of a sandwich with a

27



NORTH AMERICAN AVIATION. INC..:' LOS ANGELES DIVISION N_._GS.,.,'IS_8._S

high strength titanium outer face and an aluminum inner face in an oxygen

tank where the explosion hazard prevents the use of a titanium innerface.

Some interesting relationships are seen between composite wmights

and material properties when some of the composite weights of Figures la

to Id are plotted against the strength/densi_u_ the facing materials, as

in Figure 2. _he total weight of the composite tends to decrease with

increasing strength/density in the faces. _here are some local incon-

sistencies in this general tendency, however. The high weights of the

composites with aluminum boron and the aluminum wire faces relative to

their position on the strength/denslty axis is due to the fact that the

facing thicknesses of these materials were established by their relatively

low axial yield strengths (refer to Table II) and consequently full

advantage is not taken of their high hoop tensile strength. It can be

reasoned from this that these materials would be more efficient in a sit-

uation _here the hoop load/axial load ratio is greater than the presently

assumed one, say 10/4 instead of about 10/6. In such a situation thinner

faces could be used and the high tensile strengths of the materials would

be more fully utilized.

_he co_posites with beryllium and with glass-plastic resin faces are

also atypical, the former having a very low and the latter a very high

core weight. Both cases are explainable on the basis of the elastic

modulus of the face material. According to equation (i), the core depth,

C, is inversely proportional to the elastic modulus, .._ich in the case

of beryllium is relatively very high and in the case of the glass-plastic

relatively low.
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FA CING TENSILE
, STRENGTH 103 IN.

DENSITY

1400 ALUMINUM + BORON

BORON IN PLASTIC

i al ii

GLASS FIBER IN PLASTIC

[ ::::::::::::::::::::::::::::::::::::::::::::::::"
:::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::::

]

CORE WEIGHT

FACING WEIGHT

ALUMINUM + WIRE

BERYLLIUM

1000

TITA NI UM (6A L-4V) - HT

-- MA RAGING STEEL

TITANIUM (6AL-4V)-ANN

,.::!:!:i:i:i:!:!:!:i:i?!:i:i:i:i':"

600

PH15-TMO STEEL

ALUMINUM (2219 T87)

I.00

SANDWICH WEIGHT

2. O0

LB/F 
3. O0

FICGURE 2 SANDWICH "dEll'IT ANAL:IS_.S
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It is emphasized that the vei6ht figures and comparisons presented

in Figures la to 2 are based on an approximate analysis and are intended

only to indicate what composite configurations and conditions should be

further investigated.

AXIAL LOAD EFFECTS

It is seen in Figures la to Id that core weight is a relatively

large percentage of the total weight in many of the lightweight configura-

tions. This is due, generally, to the relatively large sandwich thick-

ness, C, required to satisfy equation (i) when axial compression stresses

are at a high level. In order to determine the axial load effects, an

approximate weight study was made of several of the composites at a

constant hoop stress and at various axial compression loads. The results

of this study are shown in Figure 3. The material properties used for

this study are those listed in Table II, except in the case of the glass

fiber-plastic sheet for which the estimated values listed below were used:

Tension Ultimate Strength

Compression Yield Strength
Elastic _xlulus

S-99_ Glass

YMBIA Glass

Density

23oksi

130 ksl

7(Io)6 psi
iO(10)6psi
0.080 Ib/cu. in.

It is noted that the above glass fiber sheet properties are unidirectional,

as opposed to the bidirectional properties given in Table II. Other design

conditions are those specified for Figures la to id.

In utilizing the _nidi_ctional properties listed above, fibers were

assumed to be oriented in such proportion that the axial and hoop materials

exactly satisfY/ _le _y_c!ivc a_pl_¢d :cad requirements. The strengths
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and moduli in the hoop and axial directions were taken as fractions of the

unidirectional values corresponding to the proportion of fiber. For

example, for two independent design co_d£tions of 10,000 lb/in, hoop lead

and 5000 lb/in, axial load_ the re%uired fiber areas are determined from

the loads and allowables as follows :

A(Axlal).P(axlal).  ooo. o.os8 
Fcy i30,000

A(hoop) . P(hoop)
Ftu

0.o38_ • o.o_35 -

o.o38 
_+ =o.o_z9

• lOt0OO = o.0h35
230,000

0.0819

= area of axial fibers

= area of hoop fibers

o.;68 (axial) + o.532 (hoop) - l.O00

Hence, typical allowable materiel properties, based on the full face

= 122,000 psi

= 62,000 psi

sheet thickness, are :

Ftu (Hoop) = 23o,ooo x o.532

Fcy (Axial) : 130,000 x 0._68_

E (Hoop) : 7 (10) 6 x 0.532 = 3.7(10) 6 psi

E(Axial) = 7 (10)6 x 0.&68 - 3.3(10)6 psl

It should be noted that glass fiber sheet properties derived in this

manner have not as yet been verified by test.

It will be seen from Figure 3 that, with decreasing axial load, the

weight differences bet_en titanium faced and aluminum faced sandwiches

increase slightly and the differences bet_en glass faced and aluminum

faced sa::dwi_hes inc_.-_asegreatly. _ese differences are due to

differences in sand_.i(:h_zo'._lepth (reflected in core weights) and in

face sheet weights, a_ _llastrated by the typical cases below:

31



NORTH AMERICAN AVIATION. INC. / LOS ANGELES DIVISION N_,.,-_-_.3_3_'_

TABLE III

HONEYC_ CORE KEQUIREMEK_S

Face Sheet }k_xl_m

Msterie.l Allo_ble
CeLl Size

Alumimum2219-T_7
_i = %0 = .O81in. 2.86

m , , i

Titanium _.I.-W_ Ann. 1.3..1.
tl = to = .038 in.

(,-)

Minimum ALlo_hle

Core Density (Ib/cu ft.)

Steel-Co-re Aluminum Core _r C_re

1.41 1.O9 5.29

2.62 z.98 9.57

Titanium 6A1-4V, HT
ti = to = .032 in.

o._4 3.16 2._

Glass Fiber ($994) 0.83 5.6=6 4.37
ti = to = .0_5 in.

Hoop load = iO,OOO lb/in(ult.). Axial load = -6000 ib/in(ult.) "
to and tl = Outer and Inner face sheet thickness# respectively.

Panel Weight

3.0

2.5

2.0

1.5

1.0

o.5

Alum. 2219-T87

_ Ti-6Al-AV, Ann

Ti-6Al-AV, HT

Glass Fiber in.Resin

(E = _ x 106 psi)

Glass Fiber in Resin

(E = 7 x Io6 psi)

Hoop Load = iO,O00 ib/in (ult.)

Core Density = 3.0 ib/cu ft.

O

A ! ! !

2OOO _._.X_ 6OOO

Compressive Load LB/IN

I0,000

FIGURE 3 AXIAL LOAD EFFECTS
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Axial Total Face Core Core

Load Keight Weight Weight Depth

Material .(it/In) (Ib/ft2). (ib/fte). (Ib/ft2). _ (In),

Aluminum 2000 e._ e.32 O.12 O.57

Aluminum _OO 2.56 2.32 0.24 0.9_

Glass Fiber 2000 I._5 0.67 0.78 3.1_

Glass Fiber _000 1.96 0.85 I.ii _._2

With a constant I0,000 Ib/in. hoop load, the aluminum face weight is

not affected by the axial load variation. However, the glass face

weight changes due to the fact that a varying ratio of hoop to axial

stress was adjusted by varying the proportions of hoop and axial fibers.

_ne potential for varying the orientation of load-carrying elements is

one of the unique features of filamentary composites, such as those

under study, and this feature can be used to advantage in optimizing

the weight as the above study illustrates.

HONEYCOMB CORE REQUIREMENTS

A study was initiated to help determine what honeycomb core

materials and configurations should be investigated in the fabricatio_

and testing phases. The problem of what sandwich core would provide

stability for a large cylindrical shape, such as the SATURN tanks, was

considered beyond the scope of this program. However, it was necessary

to provide a core which would efficiently prevent local instability

failure in small scale sandwich compression tests.

Table Ill shows the results of an analysis performed on three

core materials to determine what core configurations would be required
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to suppress local instabilities in three different sandwich facing

materials.

Re theoretical equations used for calculating core cell sizes and

densities are given in Appendix A. It is noted that these equations

are empirical and have not as yet been demonstrated to hold for glass

fiber faces. Metallic material properties are taken from Table II.

Glass fiber face sheet properties were derived by the method discussed

under Axial load effects. Properties of mylar were obtained from

Reference 35.

The results shown in Table Ill indicate that the 3 Ib/cu ft. core,

which has been assumed so far in this study to provide general stability,

will also provide local stability for aluminum and titanium.

However, for the load conditions studied, glass fiber faces would

require a core density greater than 3 ib/cu ft. Mylar core of density

greater than 3 Ib/cu ft would be required for all the facings. _is

results from the lower elastic modulus of this plastic material as

compared with the metal core materials.

Mylar core was included in the study because of its potential use

for cryogenic insulation. Current insulation systems for liquid hydrogen

tanks incorporate mylar honeycomb core because of the insulative qualities

of mylar and its low permeability to hydrogen and other fluids. Cryogenic

insulation with mylar core as currently utilized carries no structural

loads and, if placed on the outside of the tank, is easily damaged. If

mylar core was placed between sandwich faoes, it could perform the

double duty of _nsulation and sandwich stabilization and would not be

B4
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susceptible to damage. More importantly from the standpoint of the

present program, such design could possibly effect a worthwhile weight

savings, since dead weight insulation is eliminated.

Glass fabric is also effective as a thermal insulation barrier, both

it and mylar being of the order of one-five hundredth as thermally con-

ductive as aluminum. Thermal conductance tests on sandwiches with

aluminum faces and 2.2 ib/cu ft glass fabric honeycomb core, with one

face in contact with liquid hydrogen show panel thermal conductances

ranging from O.Ii to 2.5 BTU in/it "F hr., depending on the gas composi-

tion and pressure in the core, Reference 36. Target values for thermal

conductance in present SATURN external insulation are within this range.

_e shear modulus of glass fabric honeycomb core is of the same

order of magnitude as that of mylar honeycomb, and, hence, the weight

of glass core required for sandwich stabilization would also be greater

than that required for the metal cores.

THERMAL GRADIENT _ECTS

The fact that the sandwich facing materials studied have widely

different ther_l expansion and elastic characteristics suggests that

the thermal gradients resulting from contained cryogenic fluids might

affect the relative efflciencies of the materials. Accordingly a brief

study was performed to determine the effect of thermal gradient on sand-

wich weights. The condltlons assumed for studying the effects of such

stresses were as follows:

i. Outslde Wall = OeF. (he ambient temperature of the outside

,;all remains unchanged).
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2. Inside Wall = -_20"F. (_ne temperature of the inside wall _trops

from ambient when filled with a cryogenic liquid).

3. The room temperature properties are used to calculate the effects.

The effects of the conditions were calculated for four of the con-

figurations of Figure 1 which had been assumed to be at a uniform tempera-

tufa. The equations used for the calculations are given in Appendix B,

and the results of the study are sumzarized in Table IV.

The total stresses shown in Table IV for the sandwich faces are the

algebraic sum of the stresses due to imposed loads (hoop or axial) an4

the thermal stresses. Considerable variation in the magnitudes of the

thermal stresses in the mOriginal Configurations" wlll be noted. For the

configurations with face sheets of the same material and of the same

thickness, the thermal stresses are proportional to the product of the

modulus, E, and the thermal expansion coefficlent,oC, and are, therefore,

highest for the aluminum sandwich and lowest for the glass sandwich.

The magnitudes of the thermal stresses in the configurations with unlike

faces are not determinable by any simple rule but are dependent upon

modulus, thermal ex_nsion coefficient, and face sheet thickness. In

Thble IV it will be noted that addition of thermal stresses to los_l

stresses results in total stresses that exceed material allowable

stress in the aluminum, titanium, and glass sandwiches but not in the

steel-glass sandwich.

Two configurations, the aluminum-aluminum and the glass-glass, were

selected for further study to exemplify the effects of the thermal

stresses on relative weights, Table V. In the redesigned configurations

)6
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in Table V, face sheet thicknesses are adjusted so that total stresses

do not exceed material allowables. In the case of the aluminum redesi6a,

total stresses in both face sheets are made to equal material allowables.

In the glass configuration redesign, total stresses in one face sheet

are less than material allowables due to the fact that an arbitrary

restriction was placed on the minimum thickness of glass face that would

be used. _he aluminum sandwich redesigned to eliminate the harmful

effects of the thermal gradient has a much greater weight than the original

design. However, the weight of the redesigned glass sandwich is only

slightly greater than that of the original design.

_he above results indicate that the relative effect of thermal

stresses on weight may be quite large in some cases, and that the effects

can be strongly influenced by the choice of materials. In general, thermal

stresses are minimized by the use of materls_s, such as the glass laminate,

with a low product of elastic modulus and thermal expansion coefficient.

Thermal stresses may also be reduced by a proper choice of sandwich face

sheets of unlike properties and dimensions.

Redesign of the sandwiches to eliminate entirely the effects of

thermal stresses, as was done above, may be considered as a conservative

approach. It is emphasized, however, that the present study is only for

the purpose of comparing sandwiches of different materials under a

specified set of conditions.

FABRICATIC_ _ T_STL'JG OF CC:TOSITE SKEET

TYPES INVESTIGATED

Five types of composite filar_entary sheets, each in one or more con-

fio_rations, were fabricated and tested in order to obtain fabrication
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experience and material property data for the screening studies.

types are as follows:

_tle five

I. Wound glass fiber in plastic

2. Wound wire + glass fiber in plastic

3. Aluminum sheet + wire

_. Titanium sheet + wire

5. Wound wire in plastic

A total of 13 sheet configurations were fabricated and are illustrate_

in Figure _.

_he first three types were ones that showed potential in the prelim-

inary weight comparisons for being more efficient than alumlnm, alloy

as a face material for honeycomb sandwich configuration. _1_e relatively

low modulus and high yield strengths of titanium alloys suggests that, on

the basis of strain compatibility (refer to ANALYTICAL S_IDIES - Prelim-

inary Weight Comparison ) a composite of steel wires in a titanium matrix

may show efficiency equal to or greater than that of the aluminum an_

wire composite.

_¢ound wlre-plastlc composites were included principally to obtain a

comparison of their compression properties wlt,h those of glass fiber

sheets. _he larger diameter of wire and its lower eccentricity as a

column compared to glass fibers in a roving suggests that wire may be

superior in buckling stability.

Several each of the glass_ glass + wire, and wire configurations

were made in an attempt to determine the effects of such variables as

fiber and wire orientation, layer arrangement, and total thickness on

the composite properties.



I//////////[/l] ALUMINUM OR TITANIUM SHEET

ADHESIVE SHEET (FM 1000 OR FM 1044)

OOOO©OO STEEL WIRE

t::: : ::::::::::::::::::::: GLASS FILAMENT

J'

NA-63-1358-13

METAL (A1 OR Ti)

SHEET NO. 2

0.016 IN. ALUM. 7075-T6 CLAD-

3 SHEETS

0.004 IN. DIA STEEL WIRE - 6 PLYS -

192 WIRES/IN. PLY

0.005 IN. FM-1000 ADHESIVE - 8 SHEETS

WIRE COMPOSITES

SHEET NO. 1

0.016 IN. ALUM. 7075-T6 CLAD - 3

SHEETS

0.004 IN. DIA STEEL WIRE - 6 PLYS -"

192 WIRES 'IN., PLY

0.003 IN. FM-1000 ADHESIVE - 8 SHEETS

SHEET NO. 3

0.008 Ti-6A1-4V (CHEM-MILLED) -

3 SHEETS

0.004 IN. DIA STEEL WIRE - 6 PLYS -

192 WIRES IN. PLY

0.005 IN. FM-1000ADHESIVE - 8 SHEETS

GLASS - WIRE COMPOSITES

SHEET NO. 4

S-994 GLASS FILAMENT - 3 PLYS - 224 ENDS/IN./PLY

0.004 IN. DIA STEEL WIRE - 2 PLYS - 144 WIRES/IN. /PLY

0.005 IN. FM-1000 ADHESIVE - 4 SHEETS

EPON 828/NMABDMA RESIN

SHEET NO. 5

0.004 IN. DIA STEEL WIRE - 2 PLYS - 144 WIRES/IN./PLY

S-994 GLASS FILAMENT - 3 PLYS - 224 ENDS/IN./PLy

E PON 828/NMA/BDMA RESIN

G LASS COM POSITES

BIAXIAL ORIENTATION (1:1)

SHEET NO. 6

S-994 GLASS FILAMENT - 6 PIY> -

224 ENDS IN PLY

EPON _28 NMA BI)MA ttESIN -

16 , BY WEIGHT

SHEFiT NO. 7

::-994 GLASS FILAMENT - 6 PLYS -

!24 F:NI)_ IN. PLY

El)cON :-28 NMA BDMA RESIN - 26.7";

B'_ WE ItiHT

SHEET NO. 8

BIAXIAL ORIENTATION (2:1)

S-994 GLASS FILAMENT-

6 PLYS - 224 ENDS IN. PLY

EPON 828 NMA BDMA RESIN-

24.0 ; [3Y WEIGItT

P, IAX L\ L ORIENTATION (2:1)

SHEET NO. 9

S-994 GLASS FILAMENT -

3 PLYS- 192 ENDS 'IN. 'PLY

2 PLYS - 144 ENDS'IN. 'PLY

EPON 828/NMA/BDMA RESIN -

20.1 (, BY WEIGHT

BIAXIAL ORIENTATION (1:1)

SHEI.:T NO. 10

S-994 GLASS FILAMENT 4 PLYS - 224 ENDS "IN "PLY

El)ON 828 NMA/BDMA RESIN - 21.ff; BY WEIGHT

BIAXIAL ORIENTATION (2:1)

SHEET NO. 11

S-994 GLASS FILAMENT - 3 PLYS - 224 ENDS/IN./PLY

EPON 828/NMA/BDMA RESIN - 23.8% BY WEIGHT

WIRE COMPOSITES

BIAXIA L ORIENTATION ( 1:1 )

SHEET NO. 12

0.004 IN. DIA STEEL WIRE - 8 PLYS - 176 WIRES/IN./PLY

0.o02 IN FM-1044 ADHESIVE - 2SHEETS (TOP & BOTTOM)

0.00] IN. FM-1044 ADHESIVE - 7 SHEETS

BIAXIAL ORIENTATION (2:1)

SHEET NO. 13

0.004 IN. DIA STEEL WIRE - 6 PLYS - 176 WIRES/IN./PLY

0.002 IN. FM-1044 ADHESIVE - 2SHEETS (TOP & BOTTOM)

0.001 IN. FM-1044ADHESIVE - 5 SHEETS

Figure 4 Composite Sheet

Configurations

I
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FABRICATION OF COMPOSITE SHEET

Methods of fabrication of composite sheets are briefly described

below. Further details of the fabrication processes and equipment given

in AppenAtxC.

Wound Glass Fiber Sheet - Using S-_ glass fibers and Epon 828 reslnj
i, II

six composites sheets were fabricated by filament winding on a flat

mandrel, Figure _. All configurations were bi-axial, either with an

equal amount of glass in each direction (1:1 orientation), or with twice

as much glass in one direction as the other (2:1 orientation). Re

composites had a resin content of from about 16 percent to 27 percent by

weight (equivalent to about 29% to 52% by volume ). The YM31A glass fiber

material, which has a higher modulus than $99_, was considered for use

in the program, but was eliminated because of the potential health hazard

from its beryllium content.

_ire + Glass Sheet - This composite was fabricated in a manner similar to

that used for the glass fiber composite described above, except that

O.OO4-inch di-=meter piano wire was used in place of the glass filaments

In one direction, Figure _. Epon 828 resin was used in winding the glass

filaments. Sheets of O.OOS°inch FM I000 adhesive were placed between each

layer of wire and glass. The composite was cured under pressure, causing

the FM i000 to flow into and fill the voids between the wires, effecting

a good bond between the glass and wire. In one attempt to use only Epon

828 as a matrix, Sheet No. 5, an _:satisfactory bond to the wire was

obtained, and the sheet spontaneously delaminated.

_2
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Aluminum + Wire Sheet - Means were sought for metallurgically incorpora-

ting high strength steel wire in an aluminum matrix. Harvey Aluminum

Company, Torrance, California, was contacted to determine the status of

their NASA sponsored program, to develop an alumin,-.-wire composite (see

Literature and Industrial Survey). It was learned that material could

not be made available from their program in time for investigation in

the SATURN composite materials program being conducted by NAA/LAD.

Methods of incorporating high strength fibers and wires in metal

matrices are being studied in NAA/LAD internal p_ograms, References 37 and 38.

_ese company funded programs are concerned with the study and develop-

ment of filamentary composites, and especially with the problem of devel-

oping low density efficient matrices for incorporating high strength

_ilaments. It is expected that these internal programs will provide

useful information on composite materials for SATURN applications.

In an earlier NAA/IAD program, unsuccessful attempts were made to

diffusion bond a wire-aluminum composite by hot rolling wires between bare

or zinc coated aluminum sheets at 400 ° F. The 400°F limitation was im-

posed to prevent loss of hardness in the wire by removal of cold work.

Aluminum sheets and piano wire _mre eventually successfully bonded

together :'ith an organic adhesive. Tests of such composites showed that

adhesive shear strengths of about 6000 psi were developed between the wire

and aluminum, which is sufficient to break the wire _dth about a i/lO-inch

shear lap.

The adhesive bonding technique was used to fabricate the aluminum +

wire composites shown in Figure 4. _hlwe sheets of 0.016 in 7075-T6

43



NORTH AME"ICAN AVIATION, INC. / LOS A"GEL|$ DIVI$10N NA-63-1358-13

aluminum alloy were laminated with two layers of O.00_ inch diameter

piano wire. Sheets of 0.003 - 0.005 inch FM-IO00 adhesive were placed

between each row of wires and between the sheets. The adhesive was

cured under pressure, filling the voids between the wires. It was

desired to use sheets of aluminum alloys 2014 or 2219 for this laminate,

since these alloys are currently used in SA_%_ construction. However,

these were not available at the time these experiments were initiata_.

Titanium + Wire Sheet - This composite was made of three sheets of

O.O08-inch annealed Titanium-6Ai-4V alloy (chemically milled from a

heavier gage ) laminated with two layers of O.OO4-inch diameter piano

wire. The make-up and the fabrication procedure for this composite were

same as for the aluminum-wlre composite, Figure _.

Wound Wire Sheet - These composites were fabricated in a .manner similar

to the wound glass, using O.004-inch diameter music wire. Two biaxial

configurations were made, the first with an equal number of wires in

each direction (i:i orientation) and the second with twice as much wire

in one direction as in the other (2:1 orientation). Sheets of O.O01-1nch

thick FM 1044 adhesive separate each layer of ,,'ire,with O.O02-inch _hick

FM 1044 adhesive sheets on the outside surfaces. The composite was cu_d

under pressure, causing the adhesive to flow into and fill the voids

between the wires.

TESTING OF COMPOSITE SHEET

Test Methods

Tests were conducted on all of the _Ive types of composite sheets of

Figure 4 to obtain tension and compression properties. Considerable

experimentation with test methods was necessary, since there are no



accepted methods for obtaining propert$es of fibrous composite materials.

T_e several methods used are described briefly below. Further detalXs

on test methods are _yen 4, _pendix D.

Tension tests were conducted on 0.75 x 9.5 in. rectangular coupons.

The conventional _tm_bell-shaped specimen use_ for tension testing of

materials does not readily lend itself to filamentary composite evalua-

tion. _e filaments that are cut through In machining the dumbbell

shape carry little or no load and, hence, there is not, in effect, a

test section of reduced width. T, this series of tests, some of the

resin matrix specimens and all specimens made with sheets _of aluminum

or titanium were Eripped without end reinforcement. However, after

some of the early test8 indicated that the test grips were cutting fibers

and wires in the resin matrix specimens, asbestos reinforcement pads were

adhesive bonded to the ends of the resin matrix specimens in the gripping

area.

Composite sheet materials were tested in compression both as con-

ventlonal coupons and as face sheets of a honeycomb sandwich. Conven-

tional compression coupons were 1 x 3 inch. _ese were tested in a

typical compression test fixture for material coupons, employing

"fingers n for lateral support on both sides of the teat specimens.

(_ly a few early tests were made with the conventional compression

coupons. Literature sources indicated that the lnterlaminar mode of

failure (splitting parallel to the sheet face)was often critical in

fibrous composites. Since it was felt that the conventional compression

test, in which the coupon is supported from both sides I may suppress the
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D
interlaminar mode, the majority of the compression tests were conducted

on sandwich coupons. The sandwich coupons were made up of two facings

of the composite sheet, each 2 x 4 in., adhesive bonded on each side of

a one-inch depth aluminum honeycomb core. A core of high density

(20 lb/cu ft) was used to ensure sandwich stabilization. Re outer

surfaces of the face sheets were unsupported. Compression load is

applied to this type of specimen in the direction of the 4-inch dimension.

End stability was obtained by filling the ends of the specimen with resin

and either clamping metal bars on each side of the specimen at each end

or potting an aluminum channel over each end of the specimens (see

Appendix D),

Stress strain data and failure stress were recorded for all tests.

Test Results

The results of tension tests on the conrposite sheets are presented

in Table VI. It should be noted that in Table VI and throughout the

rest of this r_port all stress-data on composite sheet are calculated on

the total thickness of the composite.

Difficulties were experienced in conducting tension tests on the

resin matrix composite sheets. All of the Sheet No. 4 glass-wire

specimens, both of the Sheet No. 12 wire specimens, and all but one of

the 5_eet No. 9 glass specimens failed at or very near areas of stress

concentrations, usually at the testing grips. Failures of this type

tended to produce scatter and some relatively low values. _he incidence

of failures _n the test grips was greatly reduced, although not eliminated,

by bonding asbestos reinforcements in the gripping area. Specimens of
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Sheet No. IO through No. 13, inclusive, have these relnforce<l em_s.

Examples of the modes of tension failures in wire and in glass specimens

are shown in Figures 27 and 28 in the section FAILURE ANALYSIS. In

many of the glass specimens, failure apparently initiated at several points

at about the same time, most glass filaments breaking near the center of

the area but some breaking near the grips or the reinforcing tabs.

Compression test results on composite sheet materials are given

in Table VII. _3_e first two "A" (across the wires) specimens for both

the aluminum + wire and the titanium + wire laminates were tested as

conventional coupons. All other tests were conducted on honeycomb sand-

wich coupons with the composite sheets as faces (refer to Test Methods ).

Except for the tvo conventional coupon tests on the aluminum + wire

laminate, no O.2-percent offset yield occurred in any of the faces prior

to the ultimate failure. Difficulty was experienced in establishing

representative values for ultimate compression strength, due either to

the methods used to apply the compression load or possibly to defects

in the conrposite sheet materials. In one test specimen in both the alum-

inum • wire Sheet No. 2 and titanium + wire Sheet No. 3 failure of the

adhesive bond between face sheet and core occurred prior to face sheet

_ailure. In another specimen of each of these materials, failure was

initiated by face sheet buckles that occurred adjacent to the metal bars

cl_rped at the specimen ends during application of compression load.

Typical failures in the con_osite face sheets are illustrated in the

section FAIllE ANALYSIS.

_9
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Analysis of .Test Resul.ts

The results of the tests on composite sheets are analyzed to

determine their relative efficiency and their reproducibility and to

correlate their properties with those of their components and with

existing data on similar composites.

Metal + Wire Composites:

In Table VIII are shown strength/density ratio values for the metal

+ wire composite sheets based on test data from Tables VI and VII. Data

on the 7075-T6 and Ti-6AI+4V used in the metal + wire laminates are

included for comparison. Comparing the tension ultimate/density ratios_

it is seen that the addition of wires to the aluminum and titanium alloys

significantly increased the tension efficiency. The compression yield

efficiencies of the composite sheets are low in comparison to the tension.

This is to be expected I since the tests were in the "A" direction (across

the wires) and therefore the test values represent only the strengths of

the metal sheets. Thus I referring to the data in Figure 4 and in Table VII

for sheet No. 2..

Stress in the 7075-T6

= (Stress in composite sheet) (Thickness of composite sheet)
(Thickness of aluminum sheets)

= (29.7 ksi), (O.lO in)
(3 X'0.O16 'in)

: 61.8 ksi _ FCM of 7075-T6

The fourth column in Table Vlll shows tension ultimates of the metal

+ wire composite sheets calculated from the properties of the componem%

elements.
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The following equatlon_ was used for these calculations:

= v== (2)

_r'nere

= Composite ultimate stress

w = Wire ultimate stress

_'m = matrix ultimate stress

Vw = volume fraction of wire

Vm = volume fraction of matrix

In using Equation 21 it was assumed that the c_posite adhesive

carries no load. Volume fractions of the components are based on the

make-up of configurations as shown in Figure 4.

The following example illustrates the use of the above equation:

For the aluminum + wire Sheet No. I

= w(,,. v=(=

= (.179 x 585 ksi) + (5_ x 70 ksl) - ].42 ksi

The tested tension ultimate values are seen to be about 80% and

90% of the calculated values for the titanium composite and the aluminum

composite, respectively.

A brief analysis was also conducted to determine if the test stress-

strain curves of the aluminum + wire and titanium + wire could be

constructed analytically from the stress-stl_In curves of the composite

components. In Figures 5 and 6 are shown the tested tension stress-

strain curves, "A" and "B", of the aluminum-wire Sheet No. 2 and

titanium-wire Sheet No. 3 in comparison with analytically constructed

stress-strain curves. The "CI" curves, representing the same laminate

make-up as the corresponding test curves, were constructed from stress-
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Curve Designation
i i

Test_ A

B

0.2_ Yield Modulus of Resin

Strength Elasticity Dens$ty Content
(ksl) (io6psl) (i_/In.3) (vol_)

75.1 8.o8 o..lo6 38
Io3._ 8.77 o.lo6 38

Constructed cI 85.0 8.5 o.1o6 38

cz Loo.o 13.3 o.136 L_

* Sheet. No. 2of figures

N

16o

f

120 .... ,,z////_/; _ Cl

8O / ///_._;'_ -

00 O.004 0.OO_ O.O12 O.016 0.020

STRAIN_ IN./IN.

Figure 5 ALUHII_/M + WIRE STR_S-,STRAIN DATA
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.Curve Designation

0.25 Yield

Strength

(ksl)

Modulus of

Elas_ticity

(zoopsi)
l_nsit_

Resin

Content

(Vol %)

Test* A
B

9.35
9.82

0.131
0.131

Constructed C1
110.0

167.O

o.131

o.182

47

17

* Sheet No. 3 of figure &

H

¢/)

¢n

200

16o

120

80

4O

O

L i

0 O.004 O.008 O.012 O.016

STRAIN, IN./IN.

,IT_,,IU_,+ WEE STR_S-STRAIN DATAFigure 6 _ '_" '

0.020
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strain curves of 7075-T6 aluminum alloy and steel music wire in one case

and Ti-6AI-4V titanium alloy and steel music wire in the other. The

method of constructing the stress-strain curves is presented in Appendix F_

It is seen in Figures 5 and 6 that the "CI" constructed curves are

reasonably close to the test curves in both types of laminates. The

tested yield strengths also are very close to the calculated yield

strengths, if average data are considered.

The test curves and the "_" constructed curves in Figures _ and 6

represent laminates with specific resin contents. Laminates of this type

with less resin would be more efficient s since the resin adds to the

weight but carries essentially no load. Assuming that the constructed

curves are a good approximation of what can be expected fram actual

materials t it is possible to predict the properties of laminates with

lower resin contents. The "C2" constructed curves in Figures 5 and6 repre-

sent such materials. The yield strength-to-density ratios of the "C2"

hypothetical materials are compared below to those of the aluminum and

titanium alloys :

Material

7075-T6Aluminum

"C2" Aluminum + Wire

Ti-6A!-4V Titanium

"C2" Titanium + Wire

Yield Strength/Density

. (lO4 in.) .

88

75

92

The above properties are characteristic of the laminates loaded in the

direction of the wires.
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C_iass anl/or Wire

In Table IX are shown strength/denslty values for the glass fiber-

composites and the wire composites with plastic resin or adhesive

matrices, based on test data from Tables VI and VII. None of the test

values was used where "face interlaminar failure" occurred. Values for

2219-T87 aluminum are included for reference, since this material was

chosen as the standard of cc_parison for the program (refer to 0BJF_

AND SCOPE). Since no yield data were obtained from the composites, a

rough measure of their efficiencies in compression is afforded by

comparison of their compression ultimates with the compression yield

of the aluminum alloy.

It is seen in Table IX that the tension ultimate/density ratio

values for all the materials are higher than that of the 2219-T87,

except for Panel No. 4 in the direction of the wires. Some of the

glass panels show considerably greater tension efficiency than the

aluminum alloy. The compression ultimate/density ratios of the @lass

fiber sheets are equal to or higher than that of the aluminum alloy,

and the compression ultimate/density of the glass fiber + wire sheets

and the all-wire sheets are lower than that of the aluminum alloy.

There is some indication, however, in the results on Sheet 4 that the

wires may be beneficial in compression in comparison to glass fibers.

In this sheet the ratio of compression ultimate to tensile ultimate is

much greater in the wire direction, '"g",than in the glass directiom

"A" (27.9/40.7 vs 21.5/82.5). This may be attributable to the greater

buckling stability of the straight metal wires as compared to the glass

fibers, which are roughly in a helical form im the rovings used for
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winding.

In the fourth column in Table IX are shown calculated tension values

for the composites. Calculations for the wire c_posites were based

on Equation (2), assuming that only the wire carried any significant

load.

Thus for wire Sheet No. 12 where one half the wires are in both

the 0 ° and 90 ° directions;

= + vm 'm(£m = O)

= .278 x 585 ksl = 163 ksl

Experience has shown that it is difficult to calculate the

properties of glass fiber laminates from the properties of the compo-

nents because of the variable effect of fabrication processes on the

properties of the fibers. The calculated tension values for the glass

fiber sheets in Table IX are, therefore based on a nominal value of

230 ksi for unidirectional $994 glass fiber laminates with about 20%

by weight resin content, Reference 39. Calculation of the composite

strengths is accomplished as described previously under Axial Load

Effects

Thus for Sheet No. Ii:

'"J"Tension Dltl_te = Unidirectional Strength X Proportion of

fibers in '%/"direction

= 23o ksl X Z/3 = 153 ksl

Tested tension data for the wire composite, Sheet Nos. 12 and 13,

are from 80% to 90% of the calcul_.ed tension values. Tension data for

the 2:1 oriented glass-fiber co_aposites, Sheet Nos. 8, 9 and ii range

from about 105% to 130% of calculated values in the direction of one-
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IL., third the fibers ("A") and from about 85% to 90% in the directloa

of two-thlrds the fibers (_W"). In the i:I oriented glass-fiber

composite, Sheet No. lO, the test value is about 85_ of the calculated

value.

The results of the investigation of composite sheet materials

indicate, generally s that these materials can be fabricated with

reasonakly reproducible properties. The amount of scatter obtained

in the test values can be expected to diminish with further experlence

in fabrication and testing, at least for the tension values. Scattere_

results in compression in the _lastic resin co.sites has been re-

ported by other investigators and appears to be characteristic of these

materials in their present form and correlataBle with the interlaminar

failure mode, Reference _0. Various ways of improving the compression

properties have been suggested, such as fibers woven into the sheet

in such a manner t.hat they carry some load in the direction normal tO

the sheet thickness. However, investi_tion of these methods of

improvement is beyond the scope of this proJeat.

Lack of agreement between test and calculated values for the

compoz_e sheets may be attributable to testi_ difficulties in the

case of the resin matrix composites. However_ failure to obtain 100_

of calculated values is not easily explainable for the aluminum + wire

and titanium + wire composite sheets. The nature of the failures in

these materials indicated that the adhesive bond was intact up to or

very close to the time of failure (see FAILb_E A_LYSIS ). One possible

explanation is that the sheet metals and the wires did not reach their

ultimate failure loads at the same strain level. For example_ the
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_wnLuum may have passed the peak of' its stress-stUn curve and

thus my be carrying a diminishing load at the time the wires

reached their ultimate load level.
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SELECTION OF SCREENING COMPOSITES CORFIGORATIONS

_e 12 Screening Camposlte configurations select,ed for Phase I

fabrication and testing are shown schematically in Fl_re 7. The

upper surface of these configurations represents a tank outer wall.

The choice of face sheets for the configurations was based primaril0v

on availability for the present program_ structural efficiency in

comparison with aluminum I coml_tibillty with the propellants, tempera-

ture level and temperature gradient with contained propellants s and

fabricability.

The composition and makeup of the composite sheets are shown in

Figure 8. The same aluminum + wire laminate was used in three composite

configurations. However, it is probable that further study would show

that a different la_nate make-up would be required to obtain v/nimum

weight in each composite. Fua_her description of the 12 screen£ng

composites and the considerations that led to their selection are given

in the following sections.
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//11/11////// ALUMINUM SHEET •:-..:-.:.:.;-:'.;.:'..:.-:.-:.-:-..:WOUND GLASS FILAMENI _)R GLA:;S TAPE

ADHESIVE SHEET (FM-1044) H - HOOP DIRECTION

OOOOOOO STEEL WIRE A- AXIAL DIRECTION

2014 ALUMINUM-WIRE COMPOSITE

CONFIGURATIONS LN 2 - II, LOX-I, AND LH 2 -III

0. 010 IN. 2014-T6 ALUMINUM - 3 SHEETS
0.004 IN. DIA STEEL WIRE - 4 PLYS -

192 WIRES/IN./PLY
FM-1044 ADHESIVE - 6 LAYERS -

0. 001 IN./LAYER

WOUND GLASS COMPOSITE

CONFIGURATIONS LH 2 - I AND HF - H

BIAXIAL ORIENTATION (2:1)

S-994 GLASS FILAMENT - 6 PLYS -

192 ENDS/IN./PLY

EPON 828/NMA/BDMA RESIN -

20 PERCENT BY WEIGHT

N l

GLASS _I At'E - WII{E COMPOSITE
tn n

CONF'IGIIIIAI ION LN 2 - Ill

0. 005 IN, STRATOGLA$S
130 ENDS/IN.,JPLY - 20

0o010 IN. DIA STEEL WIR

65 ENDS/INo/PLY

FM-1044 ADHESIVE - 2 L
2L

i i

;(;0 ST GLASS TAPE - 6 PLYS -

)ERCENT RESIN BY WEIGHT
- 2 P LYS -

kYERS 0.002 IN,,/LAYER

kYERS 0. 003 IN./'LAYER

WOUND _Lf_SS COMPOSITE

CONFIGURATION LOX - HI

i

BIAXIAL ORIENTATION (2"1)

S-994 GLASS FILAMENT -

5 PLYS - 224 ENDS/IN./PLY

4 PLYS - 144 ENDS/INo/PLY

EPON 828/NMA/BDMA RESIN -
20 PERCENT BY WEIGHT

CLASS TAPE COMPOSITE

CONFIGURATION LOX - II

BIAXIAL ORIENTATION (2:1)

0. 005 IN. STRATOGLASS 660 ST GLASS TAPE - 12 PLYS -

130 ENDS/IN. �PLY - 20 PERCENT RESIN BY WEIGHT

t

WOUND GLASS COMPOSITE
t

CONFIGURATION LH 2 - lII

BIAXIAL ORIENTATION (2:1)

S..994 GLASS FILAMENT - 9 PLYS -

208 ENS/IN./PLY
E PON 828/NMA/BDMA RESIN -

20 PERCENT BY WEIGHT

='_mv 8 _G C_ADO-_SITE
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D
SEL_-_TION OF FACE FAT_IALS

Monolithic Metals

In the PREI_ WEIGht COMPARISON it was found that sandwiches

with faces of high strength titanium alloys and steals were potentially

lighter than a sandwich with 2_19-T87 facesp the standard of comparison.

Based on this the following alloys were chosen for further more refined

study in the screening composite phase.

Titanium Alloys

_-6_-_V, _(S_) and

Ti-4 - o-lv (m,)

n-SAl- o-lV

Steels

301

xs i 1 u-a s (25o orad )

I:S14-TMo RH 1075

Other titanium and steel alloys could have been chosen for study.

However, the above are representative of three of the most useful

classes in each base material category, all are commercially availablep

and there is considerable exl_rience in their fabrication and processing.

Sandwiches with faces of these materials were all found to be lighter

than the standard al_uminum sandwich in a refined analysis, (see SCREENING

COW, SITE WEIGHTS I below). However, only the 6A1-4V and the Maraglng

and PH15-TMo steels were procurable in the sizes and quantities and within

the schedttYe required for the program, and hence only these were included

in the twelve Dcreenlng Composites for fabrication mud testing.
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Composite Face Yaterials

Sheets of the following composite faces, chosen on the basis of

their potentially high efflciencies as structural materials were fabri-

cated and tested for their mechanical properties earlier in the program

(refer to Fabrication and Testing of Composite Sheet).

Titanium alloy + steel wire

Aluminum alloy + steel wire

Glass fibers in resin l_lastic

Glass fibers and wire in plastic

Steel wire in plastic

Test results indicated that the aluminum + wire and the titanium +

wire sheets were considerably more efficient in tension strength in the

direction of the wires than them the standard of comparison s 2ZE9-T87

aluminum alloy. Their compression properties across the wires and their

elastic moduli_ on the other hand s were lower than that of aluminum. The

aluminum + wire material was chosen for further evaluation in the program

and was eventually shown by analysis to be more efficient as a sandwich

face than the slumln'_u alloy, (refer to SCFS_I_/_ COMPOSITE WEIGHTS) and

was included as one c_ the twelve Screen/ng Co_._posites. Aluminum alloy

2014-T6 w_s used in the la_dn_te since there is _xperience with its use

in SATURN construction. Thin adhesive films were used for bonding in

order to reduce dead weight as suggested previously, (refer to Testing of

/

Composite Sheet). •

The titanium + wire composite sheet was not investigated further in

_he program due to limitations of budget and scheduling and the fact that

the aluminum + wire would have a wider range of usefulness as a container

material. Titanium is not used in contact vlth liquid oxygen because of

the explosion hazard.
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The S-994 glass fiber + resin composite sheets in tests showed

both high tension and high compression strength in comparison to the

aluminum standard. This mterial _s also eventually shown by analysis

to be more efficient in a sandwich than the aluminum standard and was

included in the Screening Composltes.

The glass-fiber materials used in the Screening Composites were

fabricated by two methods, see Figure 8. The winding technique as

described in AppendiX C was used for some faces. Other glass-fiber

faces were made from purchased "glass tapes". These "tapes" are thin

(about 5 to i0 mils thick) sheets of 20-end unidirectional glass filament

yarnp preimpregnated and held together by a resin matrix. In making a

glass tape face sheet, a pre-detenmlned number of the glass tapes are

pressed together and cured into a single, laminated sheet. Other

materials, for example wire, ray be sandwiched between the glass tapes

to make a composite face sheet. In comparison with wound glass filament

sheet, glass tape sheet may be less costly and less difficult to fabri-

cate. In addition, the properties of glass tape sheet may be more re-

producible than those of wound glass filament sheet.

Steel wire in a resin matrix was not evaluated further for tension

applications in the program because of its low tension efficiency compared

to the glass fiber + resin _naterial as shown in tests. However, test on

a composite of glass fiber + _re indicated that such a material may show

advantages when the glass is loaded in tension and the wire in compression.

A composite sheet of this type was further analytically evaluated in the

program s;_d included in the Screening Composites.
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Prop_llant Containment Considerations

The choice of the face sheet combinations for the configurations

of Fis_re 7 was influenced by considerations of propellant compatibility

and of temperature conditions due to the contained cryogenic liquids.

Titanium alloys are not proposed for direct contact with liquid

oxygen in recognition of the potential explosive nature of this combina-

tion. The glass-fiber composite is proposed for contact with several

liquids including liquid oxygen. This composite will require an inte:_l

barrier seal of some sort to prevent chemic al action and/or permeation

when used with any of the liquids. Work is in progress to develop

sealing materials for glass fiber composites, Reference _I_ and it is

assumed, for the purpose of this program, that they will eventually

become available.

The literature on cryogenic properties of materials furnishes orly

rough guidelines to the selection of materials for booster cryogenic

tankage. However_ there are some well marked differences in the reactions

of zaterials to low temperatures as shown below by data from References

33 an_ 42:

Sharp Notch to Un-Notch

Tensile Ratio

_terial Ratio

-320 F -_23 F
A1uninum 201_ T6 70 64

Titanium 6Ai-4Vp Ann 59 _2

Titanium 6Ai-4Y, _ 39 )2

E415-_.',o,RH i050 18 -

i8,_I Z_raging Steel, 55 30
280 Grade
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These reactions were ta2e_ into account in the selection of the mono-

lithic metal face sheets. The hi_ strength steels were restricted to

use wlth hydrocarbon fuels. Heat treated titanium was not used in

contact with cryogenic liquids. However, titanium was proposed for the

outer face of sandwiches where the inner face is in contact with a

cryogenic liquid for example LH2-II and LQX-I. In these cases it is

assumed that the inherently low thermal conductance of the honeycomb

sandwich will produce a sufficiently steep temperature gradient between

faces to allow the use of a high strength material on the outer face.

Glass-fibers and steel wires are proposed for elements in composites

for several cryogenic applications. It is believed that the _iseontinous

nature of these materials may offset any embrittling effects by tending

to limit crack propagation.

It will be noted that a number of configurations are suitable for

use with several liquids, for example the aluminum + wircjLN2-II _

could be proposed for all liquids and the titanium configurationjLN2.Ij

could be proposed also for LH 2 and hydrocarbon fuel.

SEI_.CTION OF CORE _I_RIALS

Following the preliminary weight comparisons, a decision was made to

limit the investigation of composites to the study of sandwiches with

honeycomb cores. The principal reasons for this iLnltation are:

(i) The use of a single core configuration considerably simplifies the

c_mpari_on between a!'_num alloy faced honeycomb s_dwieh and sandwiches

wlth faces of other high strength materials, and (2) optimization of core

weig_ht is avoided, a -_csi_ effort ,hich w_s considered outside the scope of

the pro_.-ram.
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Choice of the types of honeyc_nb core used in the screen_

cc_posltes of Figure 7 was determined by considerations of availability,

weight, Joining and thermal conductance. Aluminum honeycomb core

5052-H39, density _._ Ib/cu ft, was used in all the screening configura-

tions, except the LN2-1 and the I_2-II. It was originally intended to

use 3 ib/cu ft density metal cores in the Screening Composites. An

earlier study (refer to Honeycomb Core Comparison) indicated that core

of about 4._ ib/cu ft minimum density would stabilize all face materials

under a 6000 ib/in ultimate axial compression load. Since the screening

composites were to be evaluated and tested under a lowe_ axial load of

4000 ib/in (refer to Screening Composite Weight_ it appeared that the

minimum density requirement could be reduced to 3 ib/cu ft. Titanium

honeycomb core, Ti-75A, 3 ib/cu ft, was procured and used in the titanium

faced sandwich LN2-I. Aluminum core_ 3 ib/cu ft, was also used in the

duplex core sandwich LH2-1I. It was found, however_ that the 3 ib/cu ft

cores were being damaged during machining and other handling of test

specimens, and it was decided to change to the 4.4 ib/cu ft core in the

remaining screening composite configurations in order to eliminate such

effects.

The earlier core requirement study indicated that for a given core

density, aluminum would provide more local support for the face sheet

than steel, plastic, or gl_ss fabric cores. Stocks of aluminum core also

were more readily available than other honeycomb cores. Some considera-

tion was &iven to the use of titanium core, solid state bonded to the

titanium faces, for the LN2-I confi&_rations and to the ase of a PHIb-TMo

core brazed to the PHI7-Mo faces in the HF-I configuration. The use of
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solid state diffusion bonding was attractive since it would eliminate

the weight of the adhesive. However, in some preliminary axl_riments

conducted under an NAA in-house program, Reference 45 attem_s to

diffusion bond 3 Ib/cu ft titanium core to 0.040 in titanium sheet

resulted in some core crushing and in incomplete face to core bonds.

Since the schedule did not permit further investigation along this llne,

the titanium core was adhesive bonded to the faces in the LN2-1 configura-

tion. The possibility of core crushing led to the decision to use

adhesive bonding rather than brazing for face to core Joining in the

PHIS-7Mo faced configuration HF-I. Considerable pressure is usually

required to mate faces and cores in brazed honeycomb sandwich t an_=ex-

perience to date with PHI7-Mo honeycomb sandwich brazing has been with

cores of greater density, and_ hence with greater crushing resistance,

than the 4.4 ib/cu ft core.

A problem in SATURN liquid hydrogen tanks is minimizing the _low

of heat from the outside environment through the tank walls. Currentlyl

tank external insulation weighing about 0.3 Ib/sq ft is used to reduce

the heat flow to an acceptable level. This insulation is non-structural

and therefor% is dead weight. As noted previously (refer to Honeycomb

Core Comparison) use of a structural sandwich core of 2_ylar plastic or

glass fabric may provide the necessary thermal barrier at a net weight

saving. In the case of the " H2" coz_igurations, the potential for heat

transfer between faces is reduced by special core design utilizing glass

fabric core. A section of aluminum honeycomb next to the inner wall

provides a sealed area in which a partial vacuum will be obtained by

freezing of contained gases. Next to the outer face is a section of glass
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fabric honeycomb core sealed off from the aluminum ore by an aluminum

foil. The glass fabric is of 9 ib/cu ft density t which provides a shear

modulus roughly equivalent to a 3 Ib/cu ft aluminum I which is

generally sufficient for tank column stabilization. The dense glass

fabric core is restricted to narrow section in order to minimize core

weight. The glass fabric was not used on the inner face since it is

not sufficiently impermeable to gases to provide effective self evacua-

tion by cryo-freezlng. Mylar is impervious to gases and could be used

effectively on the inner wall. At the present time, however t it is only

available in densities up to about 3 ib/cu ft, which would not furmlsh

sufficient support for the sandwich faces.

SCREF/[IN@ COMPOSrIE WEIGhtS

Requirements

The requirements and analytical formula used in establishing sandwich

face thickness and core depths for weight comparisons of the Screening

Composites are, in general, the same as those used in the preliminary

weight comparison ( refer to A_L%LYTICAL STUD_ except that a 4000 Ib/In

axial ultimate load was used instead of 6000 ib/in. The lower axial load

was adopted for the following reasons: (i) to reduce the core depth,

which in some sandwich configurations was considerably out of proportion

to other dimensions in the _ size test coupons used in this program

_nd (2) certain materials, notably the aluminum with unidirectional wires,

•appeared potentially more advantageous in applications where the ratio of

hoop to axial load was fairly large (refer co ..URELI_hlNARYWEIGH_ COMPARI.

SO_).
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The concept of limit load was used in the screening com_oslte

weight analysis. _tms:

_t_te HoopLoad(i0.400ib/in)- i._X '_t HoopLoad(7_00ib/In)

Ultimate Axial Load (4000 ib/In): 1.4 X Limit Axial Load (2860 Ib/In).

General procedures for establishing limit stresses for the composite

face materials are illustrated in Figures 9 andlO. Figure 9 represents

a case in which the same material, in this case Titanium-6Al-_Y alloy, is

used for both face sheets of a sandwich composite. The limit stresses,

Ftu/l.4 , Fty/l.l , and Fcy/l.l , which are the material allowables divided

by the factors of safety t are located on the curve. If the hoop tension

is critical, the limit stress Ftu/l.4 , being smaller than Fty/l.l , and

the hoop limit load would be used to calculate face sheet thickness. If

compression load is critical, the limit stress, Fcy/l.l, and thethe _xi_l

axial limit load would establish face sheet thickness.

Figure i0 illustrates how limit stresses are established for sand-

wiches with unlike faces. For a tension critical structure, the lowest

Ft_/l.4or Fty/1._forthet_o_tori_s islocated,inthiscaseFty/l.1

for the "_lumlnum. _._s is the iL_it stress for the _l_inum. Since the

two materials are str_ined together, the limit stress for the titanium

is the stress in the tltani_, corresponding to the stz_in produced by a

stress of Fty/l.l in the aluminum. In this case, the value of limit

stress in the aluminum limits the allowable stress in _he titanium to a

value cor_iderably below the nol_.ally used limit stresses (Ftu/l.4 and

Fty/i.l ). The titanium is, therefore, not used to maximum efficiency in

this composite.
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Limit Stress = 114 ksl

Stress
I ksi Stress-Strain Curve

2_ _or_-6_v(_)

150 Fty_ _'_

- /Z_ Ft_l.1 = 132 ksi

.

:=C_pression

Zcy/Z.z=132

t00

!5o

2OO

Limit Stress = 132 ksi

FIGURE 9 LD'_T STRESSES FOR SANDWICH WITH LIKE FACES
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I00

Tension

Titanium Limit Stress = 72.7 ksi

8O

6O

Al_num Limit Stress = 41.8 ksl--40

Limit Compression Stra_

i

2O

Compression

Fcy/l.l = 132 ksi--

_--Limlt Tension Strain

--------Aluminum Limit Stress = 45.4 ksi

6O

Ti_tanium Limit Stress = 79.0 ksi

!00

120

i_0

!_0

FIGL_RE I0 _ STRESSES FOR __AI_D.WICHW__12!_L_NLIKE FACES
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A brief analysis was conducted to establish the procedure for

arriving at minimum weights for sandwich configurations with Isotroplc

face sheet materials. These optimizations are operational within the

criteria of this project only. The two principal variables establishi_

sandwich weight are core weight and face sheet weight. The analysis

revealed the following:

i. Minimum weight in sandwiches with the same material in both

faces is achieved by selecting face sheet thicknesses which

will allow the faces to work at limit stresses. Althou4_h

this procedure tends to maximize core depths, mlnimizing face

sheet weight more than offsets added core weight, because of

the low density of the cores.

2. For sandwiches with the same material in both face sheets,

minimum weight is achieved when both faces are the same

thickness.

Material Design Properties

Metallic facing material properties t.batwere used for design of

composite specimens for the screening tests are 61yen in Table X. The

source of these data is, generally, the NAA/LAD Material Properties

Handbook.

The properties of the composite facln_ materials sheets used for

design are listed in Table XI. The properties listed for the wound @lasl

filament or @lass tape composites are based on the tests conducted to

date in this program on wound glass filament sheet (refer to Fabrication

and Testing_of Com_posite _hcet) and also, in the case of the glass tapes,

on supplier data, Reference 3_
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The tension design properties of the 2014 aluminum + wire laminate

were calculated by the use of the method of Appendix E and Equation (2)

_efer to FABRICATION AND _STIN@ OF C(_41q)SITESHEETS - Analysis of Test

Results_ The compression properties were calculated on the basis that

the wire, oriented normal to the axial direction, does not carry any

compression load. The design properties of glass tape-wire laminates were

based on some previous NAA/LAD work on g,lass-wire laminates, Reference 4/_.

Configuration Details and Wei6hts o

The details and weights of the twelve Screening Composite configura-

tions plus the standard of comparison, 2219-T87 sandwich, are given in

Table XII. All selected configurations have lower total weights than

that of the standard aluminum sandwich. Total weights represent only the

face sheets and cores. Adhesive bonding, protective finishing, and

sealing weights are neglected. It should be noted that the aluminum

scmdwich should have some increment of insulation weight added for a

valid comparison with the I212configurations. A core density of 4.4 ib/cu

ft was used for weight calculation although some configurations were

actually fabricated with 3 lb/cu ft core (refer to CORE MATERIALS_ Also

shown in Table Xll are some s_udwich configurations studied which were

lighter than the alum,inure sandwich but which were not selected for

screening composites for reasons discussed previously (refer to FACE

mTmLU_).

FA_ICATION OF SCREENING COD_OSITES

The twelve screening c_aposites were fabricated accord/ng to the

details sh,_n in Fi&_Ares 7 and 8 and Table XII. One i0 in, x 14 in. p_nel

was fabricated for each of the composites with monolithic faces and for
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the glass-tape configuration LOX-II. Two 9 in x 9 in. panels were

made for each of the configurations requiring winding of the face

sheets. The methods used to fabricate the composite face materials

and the panels are described in detail in Appendix C. As previously

noted 4.4 ib/ft "2 5052-H39 aluminum core was used with all configuratioms

except the LN2-1 and the LN2-II in which 3 ib/cu ft TI-75A core an4

3 ib/cu ft 5052 H39 core were used, respectively. FM-IO00 adhesive was

used at 0.06 Ib/ft "2 for the core to face bonds and the core to

aluminum foil bonds (LH2 configurations). One of the screening panels

marked off for test specimen removal is shown in Figure 11.

TESTING GF SCREENING COMPOSITES

The Phase I screening composite evaluation consisted of the followin_

three types of tests:

i. Flatwise tension

2. Flatwise compression

3. Edgewise compression

The edgewise compression tests were conducted in the axial direction

(Refer to Figure 8 ). The three types of specimens are shown in

Appendix D. End stability of the edgewise compression specimens was

obtained by potting an aluminum channel to the ends with resim

The specimens were tested at room temperature in accordance with

MIL-STD-4OIA. Strain was recorded along with load in the flatwlse

and edgewise compression tests. In several of the edgewise compression

tests, the uniformity of the loading system was verified by use of a

strain gage recording system simultaneously with the conventional

extensometer system. The st._ain gages were mounted on each face sheet

84



N O R T H  A M E R I C A N  AVIATION. I N C .  / LOS ANGELES D l V l S l O M  NA-63-1358-13 

Faces: Ti-6Al-kV 
C o r e :  Aluminum HC + Glass HC 

FIGURE 11 SCREENING COMPOSITE PANEL LH2-I1 
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and output correlated to the extensometer reading. Further details of

the testing procedures are given in Appendix. D.

FLATWISE CCMPRESSION TEST RES_T_

Results of these tests on all Phase I composite configurations are

presented in Table XIII. The lower ultimate values obtained in the I_2-I

and the LH2-II configurations are due to the use of 3 15/cu ft core, -

In the duplex core configurations_ failure occurred in the aluminum core.

The results on aluminum core compare with reported compression data.

For example_ Reference 45 gives for bare cores: 282 psi typical

ultimate for3 pcf 5052 H39 core and 489 psi typical ultimate for _ pcf

5052 H39 core.

FIAT_-ISE TENSION TEST RESULTS

Results of these tests on all Phase I composite configurations are

presented in Table XIV. A great amount of scatter was obtained in the

reported values. Failures occurred predominately in the bonds between

core and adhesive or the face and adhesive rather than in the core.

Adhesion was particularly low to _its_ium faces, for example_ in the

LN2-1 and HF-III configurations. Typical core to adhesive and face to

adhesive failures are shown in FiGure 12. The generally unsatisfactory

results are attributable principally to poor cleaning procedures. Vapor

degreasing was used for core cleaning. This process is generally satis-

factory for dense cores. Hc_-ever_ with the lightweight cores used, the

core foil reaches the vapor temperature very quickly and condensation of

the vapor, and consequently the cleaning action_ then ceases. Failure

to refrigerate the adhesl_e used (FM-IOOO), which is subject to deteriora-

tion at room temperaturej may _ve been a contributing factor. As a
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TABLE XIII

SC_ING COMPOSITES

FLATWISE COMPRESSION TESTS

Composite
Configuration
_" ' ' i

LN2-11I

5OX-I

LOX-II

LOX-III

Ultimate

Stress

(_s±)

162

279
253

389

_23
434

$67
416

357

433

413
488

571
524
524

384
484
_51

Mndulus Composite
(psi) Configuratlon

O.0193 L_2-1
o.o_11
0.0430

O.121 IH2.11

o.184 (2)
o.141

Ill
o.165

o.171
0.22"/
o.262

, ,|

o.223
0.260

(i)

0.159

o._A3
o.249

_-I

_-II

_-llI

"Ultimate

Stress

(psl)
,, , , ,

451
341

277
273

523
458
487

58l
551
570

_75
472
559

522

585
538

, , ,=

o.175
o.155
o.177

0.187
o.185
o.187

0.249
o.175
o.z)6

0.209

O.217

o.165
.... j ,,

(I) Results not available due to extensometer malfunction.

(2) 3 lb/cu ft 5052 H 39 Core. All other 4.4 lb/cu ft 5052 H 39 core.
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TABLE XIV

SCR_ING COI-_3S ITES

FLATWISE TENSION TESTS

Composite

Configuration

LN2-I

LN2-II

LN2-III

Ultlmate

Stress

(psl)

179

183

LOX-I

LOX-II

LOX-III

L_-I

_2-H

_2-III

99.0

m8 ¸

439

413

847
8].2
826

51.2

261

2o7

4Ol

3:'5

, | , L

214

259

157

Failure Mode

100% core-to-adhesive bond failure

100% core-to-adhesive bond failure

core-to-adhesive bond failure, 20% face sheet-to-
adhesive bond failure

i00_/_face sheet-to-adhesive bond failure

lO_p core-to-e_lhesive bond failure

100% core-to-adhesive bond failure

i0_ core-to-adhesive bond failure
,,, ,,,, ,,

titanium face sheet-to-adhesive bond failure, 10%
core-to-adhesive bond failure with observed core

crushing

titanium face sheet-to-adhesive bond failure, 20%
core-to-adhesive bond failure

, ,,,,

lO0_j_core-to-adhesive bond failure

I00_ core-to-adhesive bond failure
, , ,m

lO0_p core failure

905 core failure, 10% core-to-adhesive bond failure

95% core failure, 5% core-to-adhesive bond failure
, ,, ,, , • , ,,

70% aluminum core-to-a_hesive bond failure, 30%
titanlumface sheet-to-adhesive bond failure

2_ glass core failure and glass face sheet de]mmlnation,
98%glass core-to-adhesive bond failure

lOO_p titanium face sheet-to-adhesive bond failure
., . , . . ,,

98% core failure, _ bond failure (core crushing noted

prior to testing)

50_Pcore failure, 50_pbond failure (core crushing noted
prior to testing)

, .,,

IOO_p glass core-to-adhesivebondfailure

95% glass face sheet delmmination, 5% glass core-to-
adhesive bond failure

Glass core-to-adhesive bond failure on aluminum foil

side, al,umim_ core-to-aluminum foil adhesive
bond failure

(Continued ne._'_tpage)
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TABLE XIV (Cont'd)

SCRE]_ING COMPOSITES

FLATWISE T]_ISION TESTS

Composite

Configuration

.EF-I

I]F'II

_F-III

b'Itimatei

Stress

(psi)
• L , •

482
hoc)

81
89
I13

,.,. ,. , , .

Failure_e

100% core-to-adhesive bond failure
100% core-to-adhesive bond failure

75%aluminumcore-to-a_hesivebond failure, _% steel

face sheet-to-adhesive bond failure

75% aluminum core-to-adhesive bond failure, 25% steel

face sheet-to-adhesive bond failure
.,., ,,. ,,. _ ,

100% face sheet-to-adhesive bond failure

I0_ face sheet-to-adhesive bond failure

100% face sheet-to-adhesive bond failure
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Adhesive : FM-1000 
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result of these tests a small test program to improve the adhesive

bonding cf core and metal facing sheets was conducted_ (Refer to

EVALUATION OF ADHESIVE BONDING TEC_TIQUES).

EDGEWISE CO_LESSION TEST RESULTS

Results of these tests on the screening composite configurations

are presented in Table XV. Also shown in this table are the stresses

in the face sheets corresponding to the design ultimate axial compressive

load of 4000 Ib/in. These design values are obtained by multiplying the

limit axial stresses 51yen in Table XII by the safety factor of I._.

It will be noted that the test values are much greater than the

design values for many of the configurations. In these confiEurations

the face sheet thicknesses were established by the I0_400 ib/in hoop

ultimate load and 2 consequently I have a considerable margin of strength

under the smaller axial load. Low and scattered compression test values

were obtained in the LNp-I and HF-III configurations. These results are

attributable to the low strength bond between the adhesive and the titan-

ium faces (refer to Flatwlse Tension Test Resul.ts).

Lower compression test values in relation to the design values_ were

obtained for the LN2-II I LN2-11I _ LOX-II_ and LH2-1II configurations.

In all of these configurations face sheet thicknesses were established by

the compressive properties of the materials and I therefores only relatively

small margins of strength could be expected. In some cases test values

fall below design values. In the case of the LN2-1II &nd LOX-II configura-

tions the largely delaminatlng character of the failure mode my be

responsible for the low test values. It should be noted that for the

wound glass !_X-III confi_tion_ which is sized by the c_nplwsslon

?1
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properties t the test values are higher in relation to the design values

than in the case of the glass tape LCX-II configuration. This difference

may be d_e to greater experience .in fabricating the glass-fiber faces by

the winding technique. In the case of the I_2-]_ and L_-III configurationo

the low values m_y have been partly due to the erratic adhesive strength,

both in the core to face bonds and in the aluminum to wire l_ncbs.

The 4.4 lb/core honeycomb core configuration is apparently more than

adequate for local stabilization of the faces as _evtdenced by the large

margins by which the design stresses were exceeded in tony cases. Where

low test values were obtained,the causes were inadequate core to face

adhesion or small margin of safety _ in the face material.

TESTING OF COMPOSITE SHEET

Tension tests were conducted on unidirectic_ glass-tape sheet and

on aluminum ÷ wire sheet to verify the design properties assigned to these

materials (Refer to Table XI).

The glass sheet was prel_red fr_n Stratoglass 300 ST preimpregnated

tape with _ resin content by weight. Asbestos tabs were bonded to the

ends of the glass specimens to provide addition_ gripping area and thus

minimize stress concentrations. Two alumlnum_vire composite configurations

were tested. These are shown schematically in Figure 13, Teat coupons of

Configuration I were taken from the same composite sheet that was used for

the faces of the LN2-11 screening cc_posite configuration. A specially

designed test specimen, shown in Figure I_, was em,ployed for testi_ the

aluminum-wire sheet. In this type of specimen, only the aluminum tabs and

spacers are subjected to side loading by the testing grips and loads are

transmitted to the aiuminum-vire test coupon o_ by shear across the
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0 0 0 0 0 0 _Steel

Ill/I! •/11'A Wire >:0 .0 0 0

OOOOOOO /ooo ooo o _._._o_ k/////J
Adhesive

_/ i /l / I I /_

Configuration 1 Configuration 2

O.O10 in., 3 sheets Almninum 0.020 in., 2 sheets

0.00_ in. dia., _ pl_s, Wlre 0.015 in. _la, i ply,

192_re,/in./ply 56_res/In./r_

6 layers, 0.001 in./layer Adhesive 2 layers,O.OO 3 in./layer

Fi6ure 13. ALU_IN_M+WIRE SHEET C0_IGURATIONS

_ Aluminum+Wire/Test Coupon

--Adhesive Bond

/

Test_

Grips

<

/
Aluminum

Spacer

Figure I_. AL[_4IIK_J.+'_ETEST SPEC_ DESI6_
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aluminum-wire/tab interface.

Results of the tests on the composite facing sheets are given in

Table X-v'X. The lowest value obtained in a test section failure In the

sheets of unidirectional glass _ape lay-up was 185.5 ksi s which indicated

a potential 120 kst s or greater s strength in the "2" direction in a face

sheet of this material with fibers at right angles in a 2:1 ratlo. This

value co, pares fairly closely with the 125 ksi design strength assigned

to this type of mterial_ as shown in Table XI. The glass tal_es tested

were the kind used in the LC_-II and LN2-11I screening composite configura-

tion.

Premature failure occurred at a very low value in the altmLimm +

wire Configuration No. i sheet specimens. This type of sheet was used

in the LN2-YI _ the LC_-I_ and the Tw2-III screening composite configurations.

The failures_ initiated near the reinforcing tab and may have been caused

by a poor adhesive bond between the wire and aluminum and/or a notching

effect near the tab. The failures in both configurations are shown in the

section FAILURE ANALYSIS.

The aluminum + wire Configuration No. 2 Sheet does not represent any

facing used in the screening composite configurations but was evaluated to

demonstrate the feasibility of using a larger size wire in a laminate of

this type. Such a laminate would be significantly less expensive to

fabricate than the aluminum + wire Configuration No. I Sheet. The test

results on the aluminum + wire No. 2 sheet verify the methods used to

predict the properties of this type of composite. Figure 15 shows the

close agreement obtained between the calculated and test values for both

stress-strain and strength characteristics in this composite nBterlal.
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DS_A_2AL PHASE II

01_ COMPOSITES

SELECTION OF O_T_ COMPOS2ES

The follo_rlng four composite configurations were reccm_n_e_ to,

an_ approve_ _y RASA/_PC, for evaluation as optimum composites in

Phase IX.

OPTD_ COMPOS_E 1;0. 1_0_ PHASE I _ESIGNATION

z n% n%-z

2 LOX LOX-III

3 LE 2 LOX-I. Modified with
a duplex core(see text)

HF RF-I

Details of these configurations are shown in Table XVTI. Facing sheet

_terials in these configurations have the same compositions and properties

as those used in the corresponding Phase I composites (see Tables X and Xl)

except for the aluminum + wire laminate face. The aluminum + wire laminate

in Optimum Composite No. 2 is similar to the No. 2 aluminum + wire laminate

shown in Figure 13, but with thinner aluminum sheets. The calculated

properties for this face mterial are given in Table XVIIX.

TABLE XVIII

ALU_44IRE FACING

DIRECTION

W

A

(1)

OFTDIt6! C@,_OSITE NO. 3

.... IO_

.°-

D_.YJY T2HSION TEL_ION CO_._RESSlON TENSION CO_,fi_qESS

(lb/cu ULT_%XTE YIELD YIELD MODULUS MOVJLUS
in) (E31) (K_I) (EBI) (IOOPSI) (I06PSI) I

With wi_ direction (hoop) or Across wire direct[on i ...... -_i ,

!CO
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The c_ression yield for the alu_num + wire le_ate of Table

is the _ne as that of the al_ ÷ vire laminate used in the L_-I screen-

ing composite (c_pare with Table XX). Since it is desired to keep the

aluminum + wire compression yield margin of safety the same in Optimum

Composite No. 3 as in the LOX-I screening composite, the thickness require-

ment for the aluminum + wire is the same for both co, sites (.O_5 in.).

Selection of the four optimum cc_posites was based principally on

weight comparisons, c_npatibility with the propellants, and thermal con-

ductance. A comparison of the desi_ weights of the Phase X Screening

Composite configurations and the "Standard" composite (aluminum honeycomb

sandwich) is presented in Table XIX. Except where noted I a simple _.4-pcf

core is assumed in calcuJ_ting core weight. The duplex coresp combining

insulative properties and structural strength I are composed of _._-l_f

aluminum core, 9-pcf fiberglass cot% and a 4-rail aluminum foil separator.

A "Standard" composite with a duplex core is given for comparison with the

other duplex core configurations. A LOX-I configuration modified with a

duplex core is included_ since this is felt to be a configuration of consi-

derable potential utility. Adhesive weights are based on 0.09 pcf for each

face sheet-to-core bond t and 0.06 pcf for each core-to-aluminum loll bond.

The liner weight for sealing of inner fiber_ol_ss surfaces represen_ s an

adhesive bonded 2-roll aluminum foil 3 quilted to allow fcr differential strain_

in the LOX and LN2 configurationsj and a bonded neoprene liner in the HF

confi_u_tions. The percentage wei_oht reductions are given by:

i - Scr_oning Co::!poqite(simple core_ x lO0

S_andard Composite (simple core)

___ere_n_ ,Composite(dul_lexcore)_x 100
and i - S_ndard Composite (duplex core)
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The LN2-1 and LOX-I configurations were chosen as Optimum Composites

since they are attractive from both standpoints of weight saving and

general utility. The EN2-1 configuration could be used with liquid

nitrogen, liquid hydrogen, and hydrocarbon fuels. The LaX-I configura-

tions has been modified by a change to a duplex core. This core will

have the fiberglass honeycomb section next to the inner aluminum_wire

laminate sheet. In the screening composites this duplex core was

constructed w* h the glass-fabric next to the outer wail, since this

core material is not impermeable to fluids (refer to SELECTION OF

SCREENING COMPOSITE C01_IGURATIONS). Upon reconsideration however, it

was decided to assume that glass*fabric core could be coated to render

it impermeable or t hat mylar core of sufficiently high density would

eventually become available for use. The LOX-I configuration I thus

modified, would be suitable for use with all four propellant fluids.

The LOX-I, modified with the duplex core (Optimum Composite No. 3)

is of considerable theoretical as well as practical interest, since it

illustrates an efficiency advantage gained from both the use of double

faced sandwich construction with a low density core and the use of c_-

posite m_terial faces. The outer face of heat-treated titanium alloy is

highly efficient but would not nor_a_lly be considered for use in contact

with liquid oxygen or at cryogenic temperatures. However I in this con-

structlon the titanium is isolated from deleterious propellant fluid and

low temperature effects by the core and the al_minum inner face. The

inclusion of high strength wires in the al_min_u_ inner face allows

this face to be designed for a high cnough stress in the hoop direction

to pe_dt effective utilizaticn of the high strer4_th of the outer
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titnnium face t refer to the limit hoop stresses for the LOX-I confi6_ra-

tion in Table XIIo Use of monolithic aluminum alloy, with its relatively

low tension strength, for the innar face would restrict the allowable

tension stress in the titanium to a relatively low value and necessitate

an increase in the titanium sheet thickness (refer to the discussion of

limit stresses in unlike faces under SCREENING COMPOSITE WEIGHTS -

Requirements _.

The LOX-III configuration provides a substantial weight saving

under the loading conditions established for this program. Furthermore_

as previously noted (refer to AXIAL LOAD EFFECTS) the advantage of such a

confi_Aration over aluminum sandwich would increase as the design axial

compressive load decreases. This results from a greater incremental re-

duction in core depth in the glass sandwich as compared to the aluminum

sandwich with a decreasing axial compressive load. In addition, evalua-

tion of the LOX-III composite would establish a scientific first, since

no prior data have been generated on the properties of thin sheets of

glass fiber composites under compressive loading. Such infor_Lation will

form a foundation for further investigations of composites of this type

with the improved filaments that are ctu-rently under development, for

example, high modulus glass fibers and boron fi_ents.

The HF-I configuration offers a substantial weight saving. Also,

its evaluation would furnish data on a potentially useful material of a

distinctly different type frc_ the others reco_neaded.

Other Screening Cor.poslte config_ratlons which offer substantial

weight reductions are L/_2-II, LOX-II, LH_-II, and HF-III. However, all

the various face sheets and cores of these cenf!_irations are represented

!o6
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in the four opti_ configurations recommended for Phase II testi_. Also,

the HF-III configuration may have limited potential utility because of the

relatively low ductility of heat-treated titanium at cryogenic te_i_ratures.

The LOX-IYI configurations was chosen over the LOX-II primarily because of

the greater amount of experience in fabricating faces from woun_ glass than

frcm glass tape.

FABRICATION OF 0PTIMb_,_C0Z_DSITES

GENERAL PROCEDURES

Fabrication of the face sheets and the assembling of sandwich elements

of the optimum composites wmm accomplished, generally, in the same mazmer

as the corresponding screening composite configurations. Fabricating an4

processing details are given in Appendix C.

SELECTION OF ADHESIVE

The E_-IO00 adhesive was selected originally over HY-424 adhesive for

use with all the optimum composites. This choice was based on existing lap

shear data on the materials f_m References 46 to 49, _igure 16, which

indicated that the _?[-lO00 was competitive over the temperature range an_

on its lower density as compared to HT-424. However, tests results on

Configuration Nos. 3 and _ showed the E,_-lOO0 core to face bonds to be

unexpectedly weak at 212@F (refer to 0PTI_fo_ C0}_qISITE TEST RESULTS_ As

result of this difficulty with E4-1000 a cbmnge was made to H_-424 in Con-

figuration Nos. 1 and 2. It should be noted that substitution of the _-

424 in the same thickness as the E_-lO00 results in a slightly higher weight

for these configurations and, hence, their percent weight ad_Janbage over the

2_19-T-87 sandwich, also joined with the _-42_, would be slig_tly below

1o7
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{f

that shown in Table XIX

EVALUATION OF ADHESIVE BO_DING TECHNIQUES

.In Phase I of this program, difficulties were encountered in obtalu-

ing good core-to-face sheet bonds (Refer to TESTING OF SCREENING C05_OSITES).

Alumlnum core-to-tltanium face sheet bond strengths, in particular, were very

lO_r. A preliminary analysis of possible causes of poor bond strength showea

!

6¸

4

2
-500

! ! 4 I i ! !

-400 -300 -200- -1OO 0 +i00 +200 +300
Ten_e_ture - °F

FIOt_E 16. ADHESIVE S_F_R _,_..,__.__=_T'_(Bcnded to Aluminum)

the following factors to be significant:

1. Cle_.nin_ Teclmiques - The lic_h_:eisht metal coros used in the

spec_nons _ere not effectively cleemed by hot vapor de_reasing.

].08
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This was attributed to the fact that the lightweight core tende4

to heat rapidly in the hot vapors, and sufficient vapor condensa-

tion was thus prevented from occurring, which is necessary for

proper cleaning. Titanium alloys are, typically, difficult

bond with consistently high strengths. It is considered that

cleaning can be the determining factor in obtaining good bonds.

@ Adhesive Bondllne Weight - Adequate adhesive filleting,

necessary for good face-to-core bond strength_ is dependent to a

considerable degree on having sufficient adhesive bondline weight.

A minimum effort evaluation was conducted to (i) investigate methods

of cleaning that would result in improved core-to-face sheet bonds, and

(2) investigate the effect of adhesive weight. The evaluation was initiat-

ed with a screening phase in which metal-to-metal shear specimens were

fabricated using potential cleaning techniques for both core and face

sheet materials. Cleaning methods were then selected based on strength,

process simplicity, and reproducibility. Finally, the selected cleaning

methods were applied to core and face sheets in the fabrication of flatwise

tension specimens, in which various adhesive bondline weights were used.

All the specim_r_ _re tested at room temperature.

The following cleaning methods were investigated:

i. Aluminum Face Sheets - NAA/LAD Process Specification LAOllO-OO6,

consisting of sol_;ent degreaslng followed by hot sod/urn d/chro-

mate sulfuric acid etch.

lO9
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e Titanium Face Sheets -

a. K_A/LAD Process Specification LAO110-OO6, consistlag

of _I_.I Ine cleaning followed by inb/bite_ hot hydro-

fluoric acid pickle an_ hot phosphate etch.

b. Alkaline cleaning followed bycold hydrofluoric acid-

orthophosphoric acid etch.

e AltmzLuum Core -

a. Toluene wash followed by methyl ethyl ketone spray.

b. Ultrasonic cleaning in methyl ethyl ketone.

Base_ on lap shear tests on the face sheet metals, the follc_

materials were use_ in making core to face bonds in flatwise tension

specimen- ..

I. Al1_inum Face Sheets - IF_/LTD Process Specification EAOIIO-O06.

2. Titanium Face Sheets - Alkaline cleaning followed by cold hydro-

fluoric acid-orthophosphoric acid etch.

3. Al_Lni_ Core - Toluene wash followed by methyl ethyl ketone

spray.

Flatwise tension specimens of aluminum face sheets-to-alumlnum core

were prepared using bondllne weights of 0.06, 0.09 and 0.12 psf of FM-IO00

adhesive, and the cleaning methods established above. In all cases, iO0

percent core failures were obtained in the tests. An adhesive bondlIDe

weight of 0.09 psf was considered to be the best compromise weight. This

weight was then used to prepare flatwise tension specLmens of titanium face

110
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sheets-to-alumlnnm core. Typical, i00 percent core failures were also

obtained with these specimens.

The aluminum core cleaning procedure was also shown to be effective

for titanium core. Three flatwise tension specimens of titanium face

sheets-to-titanium core were prepared, using this core cleaning method

and the preferred titanium face sheet cleaning method. Three-pcf titanium

core, i/_ inch cell size, was bonded to titanium face sheets with FMolO00

adhesive, using a bondline weight of 0.09 psf. In all tests, cohesive

bond failures were obtained, i.e., parting of the adhesive itself, in_i-

caring good adhesion to the face and core.

OH2I_f0M CON_OSITE TEST PLAN

The Phase II test plan for the optimum composites outlined below was

submitted to, and approved by _[_A/_FC. Tests were conducted on the

selected composite configuration described in Table XVII, and on honey-

comb core materials and face sheets used in the configurations. Unless

otherwise noted, specimens were tested by NAA/LAD at room temperature,

+212°F, -!09°F and -320°F, and by _:JtSA/_._FCat -423°F. Three specimens

were fabricated by !L%A/L_D for each test condition, but generally only

two were tested if the first t:c results agreedclosely.

The following tests were conducted in Fhase IX:

i. Edz[e:_iseCo_yr_ion and F!atwise Tension

Four conposite ccuflguratio_s, Table ._II (Configuration No._,

HF fuel, not tested at J_23°F)_
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o Flatwise Compression and Core Shear

Materials : 5052-H39 Aluminum Honeyc_nb, 4.4 pcf

Ti-75A Honeycomb, 4.4 l_f

HRP Glass Honeycomb, 8 pcf (more readily available

than the 9-pcf core used for weight comparison _n

Table xlx).

Core Depth: One inch for flatwise compression

1/2 inch for core shear

@ Facing Tension

Metallic face sheets tested at room temperature only (omitted

when supplier or _AA certification test data were available).

Glass and aluminum + wire composite face sheets tested (hoop

direction) at all temperatures.

TEST _fHODS

Details on the testing methods and test specimens are given in

Appendix D .
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i ' OFI_M COM/_SITE TEST RESULTS

FACING TENSION

The results of tension tests on the optimum composite face sheet

materials are presented in Table XX and in Figures 17 and 18. Points

indicated in all figures are averages of the data. Only the composite

facing mterials (glass fiber and aluminum + wire) were tested over the

range of temperatures s since strength vs temperature data are available from

the literature on the monolithic metal face materials.

The first aluminum + wire test specimen fabricated had 3/4 Inch wide

test sections. In order to conserve material_ later specimens made and

tested at NAA from 212 F to -320 F had test section one-half Inch wide.

Facilities for testing at -423 F at NASA/_4SFC necessitated the use of a third

type of specimen. Specimen blanks approxir_tely 1 1/4 inches wide were sent

to N.SFC where dumbell type specimens with reduced test sections approximately

one half inch wide were _de by E!oxing. The one-half inch wide specimens

made at NAA were machined. It is believed that the Eloxing results in less

damage to the wires at the edge of the specimen and_ hence I gives more

accurate data. The 3/4 inch specimens made at NAA were machined but it is

believed that the greater width may have compensated for any edge damage.

The effect of specimen geor_etry and preparation is further discussed under

FAILUP_ ANALYSIS. The strengths of the glass fiber sheet are plotted versus

terperature in Figure 18. The falling off of strength at very low tempera-

Lures may be due to lowered ductility in the resin u_trix at these tempera-

ture s •

FLA_41SE TENSION

The results of the flatwise tension tests on the Optimum Composites are

presented in Table XXI and in Figure 19. In general the results show higher
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TABLE XX

OPTIMUM COMPOSITES

FACING T_SION TESTS

Face Material

(i)

Ti-6al-_V Ann (2)

Ti-6al-_¥ HT (3)

PHI_-?Mo

Aluminum + Wire

(Wire direction)

Test

Temp.
(z)

Tension Strength

(ks!)
Ultimate 0.2% Yield

I_1.3

173.9

Min.

196.2
195.8

(_) n4.3
(_) n3._

102.0

89.3

161.1

Mine

190.8
190.?

100.8

99.2

lOl.7
(5)

Modulus of

Elasticity
(lob psl)

Net

Determined

Not

Determined

26,6
26.5

Glass Fiber

("2" direction)

RT

RT

RT

RT

RT

P_

in

+2.12

I +2.12

i
-109

-109

RT

RT

+212
+212

132.9
124.2

163.3

158.7

98.7

92._

75.8

76.2

98.8

106.0

t
(5)
!

12.8

13.1

N.D.

13.6

3.6

_.7

Failure Mode

i i miji --

am

i I I .,,

Test Section

failure

Adhesive

bond intact

Bond shear

failure

Adhesive bond

intact

1
Sequential libel
failure in

test section

(Continued next page)
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TABLE XX (Continued)
0PTD_JM CO}_OSITE

FACING TENSION TESTS

I ii,i i ,

Face Material

(1)

Glass Fiber

("2" direction)

| II ,,

Test

Temp.
(F)

-109

-109

|

Tension Strength
(ksi)

Ultimate 0.2% Yield

160.2 JL

139.8
i

n7.5 (5)
IA?.I

103.5 ir
117.8 ti

Modulus of

Ela_ticity

(lOO _i)

4.8

5.1

5.4

4.6

8.4

10.7

r

Failure Mode

Sequential fiber
failure in

test section

(i) Refer to TABLE XVII for composite details

(2) Supplier certification data

(3) NAA receiving inspection data

(_) Speciment test "_idth 3/_ inch. Other speciment 1/2 inch wide
Refer to text.

(5) Failed prior to 0.2_ yield

115



NORTM AMERICAN AVIATION. INC. / LOS ANGELES DIVISION NA-63-1358-13
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TABLE XXI.

OFt IMUM COMPOSITES

FLATWISE T_I{SION TESTS

1

2

Test

T_.

RT

-109
-109

Ultimate

Strength
(psi)

828
911

Cohesive failure

in HT-42_

78O
792.

Failure Mode

RT
RT

RT

RT

+212
+212
+212

-109
-109
-Ic,9
-lo9

IO_

4_
357

638
5_

657
664

292

116
1168
i033
521

Face sheet
interlaminar failure (2)

Cohesive failure

in HT-42A

67% cohesive, 33% adhesive (3)

50% cohesive, 50% adhesive (3)

t
Cohesive failure

-3_
-320
-320

-423
-_.3

9,5O
929

£o08

96O
].2OO

in HT-_A

374

l
Adhesive failure at glass face

(Continued next page)
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T_ XXI (Continued)

OPTIMUM COMPOSITES
FLATWISE TENSION TESTS

Co_ig.
.o. (z)

Test

,i

RT
RT

+2.1.2
+212

-109
-109

-320
-320

-&23
-423
-A23

RT
RT

+212
+212

-109
-109

-320
-320

Ultimate

Strength
(psi)

879
523
&95
313

58
_6

769
898

526
626

553
33
857

927
837

159
96

1359
1245

1719
15%

Failure Mode

t
A1 Core to FM-IO00 adhesive
fail_re at alwmtnua foil

Adhesive bond failure
at titanium face

Cohesive failure
at alualnum foil

Adhesive bond fail_re
at titanium face

t
Not determined

95% adhesive failure a% core
5% core failure

Adhesive bond

failure at core

t
i00% core fail_re

(i) Refer to TAHLEXVII for configuration details

(2) Defective glass fiber face. Refer to text
(3) Core to HT-_2_ adhesive failure

118



NORTH AMERICAN AVIATION. INC. LOS ANGELES OlVlSlOII KA-63-1358-13
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FIGURE 19 OPTI_II_MCOKPOSITE - FLATWISE TENSION
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adhesive bond strengths than were obtained in the flatwise tension tests on

the Screening Composites, due to the improved prebonding cleaning methods

employed. However, some scatter in the results was still ol_tned.

Configuration No's. 3 and 4, which were fabricated first_ were bonded

with FM-1000 adhesive. After "the very low flatwise tension results at 212 F

on these two configurations were noted, a change was made to the _-424 in

Configuration No' s. 1 and 2. Much higher strengths were obtained in the

_-424 bonds at 212 Y than in the FM-1000 bonds. However I the highest test

v_lues were obtained in Configuration No. 4 at -109 and -320 F where the

FM-IOO0 to PHIS-7_ bonds were strong enough to cause core failure.

CORE FIATWISE COMPRESSION

The results of flatwlse compression tests on the honeycomb cores used

in the optimum composites are presented in Table XXII. It should be noted

that the cell walls of the titanium core were in a partially buckled condi-

tion as received from the supplier. The ultimate compression strengths of

the cores are plotted versus temperature in Figure 2_

The first two room temperature tests on Configuration No. 2 were on a

panel with defective glass fiber faces. This Ix_uelw_s discarded and a new

panel was fabricated and used for the balance of the tests on this configura-

tion.

Results of the flatwise tension tests are illustrated and further

discussed in the section FAILURE ANALYSIS.

CORE SHEAR

The results of shear tests on the honeycomb cores used in the optimum

c_nposites are presented in Table _III. Plots of the strengths and modu//

versus temperature are shown in Fi_u_res 21 and 22_ respectively, HT-424
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TABLE XXII

HONEYCOMB CORES

FLATWISE COMPRESSION TESTS

Material
(1)

Test

Temp.
(n

Modulus Failure Mode

-- i ,_ l- , ii I -- i I i ....

Aluminum

Honeycomb
595

+212 435

+212 A3o

-lO9 647

-lO9 798

-320 726

-320 736

-_3 690

Ultimate
Strength (lO_sl)

(psi)
', .......... LJ .._,

0.160

0.154

0.172

0.138

0.173

O.213

0.189

0.239

Not

Core buckling

Glass

Honeycomb

(HRP, 8 pcf)

RT

RT

+212

+212

-109
-109

-320

-320

-423

-_23

-_23

765

7&O

1581

1590

1430

1350

1666

1525

206O

21_0

1805

1987

1865

determined

0.116
0.096

Not
determined

Core buckling

(Continued next page)
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• A_LEXXIZ (Continued)

HONEYCOMB CORES

FLA_//_E _ION TESTS

Material

(z)

Titanium

Honeycomb
(Ti-?SA,

Test

-109

-109

-320
-320

-_23

-_23

-_23

Ultimate

Strength
(p,i)

818

584

618
660.

738

740

853
758

817

753

7o5

0.237

Not

determine,

Failure Mode

Corebuckling

(I) Refer to Table XVII for further material description
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TABLE XXIII

HOneYCOMB CORES

SHEAR TESTS

NA-63-1358-13

Material

(1)
Test

Temp.
(F) I Ultimate

Strength

Modulus

(lO psi)
Failure Mode

Er

RT

+212
+212

-109
-109

-32O
-320

339
308

L_
121

3_
3_

356
347

Core shear

Adhesive shear

Core and adhesive shear

1

Aluminum
honeycomb

?

Glass

honeycomb

-423

RT

RT

+212
+212

-109
-109

-320

-320

-423
-423
-423 -_

RT

RT

+212
+212

-109
-109

-320
-320

-423
-423
-423

(HRP, 8pcf)

465
463

63_
643

659
793

656
686

416
417
A41

373

361

332

324

381

356

_6
_4

463
413
421

Titanium

Honeycomb

1.33

1.72

6.57
5.78

6.66

5.98

Not

determined
See text

Core

4.2_
4.34
3.57

shear

i

l
l
I'

0.76 Core and
i 0.83 I
' 4.93 : Core

: 5.32 ' Shear

3.78 !Adhesive

4.81 I Shear
!
: Core shear

i

3.87
3.62

2.43

2.43

f
2.61

I 3.7o
J

3.67
2.66

i
!

Not

determined j

I See text I

Core shear

i

t

l

-_Core shear
!
i

P

!

adhesive shear

(I) Refer to Table XVII for further material description
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adhesive was used to bond the titanium core to the shear test block. The

HT-_24 adhesive bond was sufficiently strong to cause shear failure in the

titanium core. FM-IO00 adhesive was used to bond the glass and the altuninum

cores. In several cases shear failure occurred in the FM-IO00 adhesive h_nd.

Points where this occurred are not generally included in Figure 2L_ since the

bond shear my h_ve occurred at a value considerably below that of the core

shear. The bond shear value of the HRP glass core at -320 F lies near the

straight line extrapolation of the HRP curve and has been indicated.

Low apparent shear modulus in the titanium core my be due to

prebuckled condition in which this material was received from the supplier.

Equipment difficulties were experienced in determining the shear modull

of the altmuinum and titanium cores at -423 F and values are_ thereforej not

reported.

EDGK,_ISE CO_SRESSION

The results of the edgewise compression tests on the Optimum Composites

are presented in Table _(IV. _:ean v_lues from Table XXIV were used to derive

the plots of stren_ch verst_s tenperatu__e for the conflgur_tions shown in

Figures 23 through 26. In each fi&n_e the co_oosite desig_ ultimate compres-

sion stress or load is indicated. In Configuration ITO'S. I_ and 4 this

design value is considerably lower than the test compression strengths

obtained fr_n the comiKsites at room terL_per_ture. This results from the

fact that the faces of these composites were sized for the I03000 ib/In hoop

load and thus b_ve considerable _rgin for the _'_)00!b/In axial load.

The ulti_te stress t_t could be sustained by the Ti-6AI-4V faces in

Configur2.tion No. i a_-pc._ently _-_ched a _ximum at about -109 Fj Figure 23.

Below this temperature the failure stress decreases s although the potential
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TABLE

OPTIMUM COMPOSITES

_E COMPRESSION TEST

Configuration

(i)

1

2

Test

Temp.

(n

RT

+212
+212

-109
-109

-320
-320

-423

RT (2)
RT

RT

+212
+212

+212

-109
-109
-109

-320
-320

-320

-&23
-&23
-423

Ultimate

Strength
(ksi)

122.0

106.0

15o.o '

&l.4
64,4
69.4

14.4
10.4
8.2

29.7
60.8
56.7

79.7
64.6
73.0

43.9
_.8
53.4

Compression

Modulus

(1o6psl)

Not

Measured

4.5
6.2
6.7

4.6
4.6
3.5

8.1

io.5

6.3
6.2

6.6

' 6.1
3.3

m

Failure Mode

Face sheet local

buckling and cohesive
bond failure

Face interlaminar failure

1
Face compression

failure

1
Face interlaminar fa/lure

Face compression
failure

l

(Continued next page)
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TABLE XXIV (Continued)

OPTIFIUM COMPOSITES

EDGEWISE COMPRESSION TEST

Configuration

(1)

3
Ti Face
Ai-Wire Face

Ti Face

AI-Wire Face

Ti Face

Ai-Wire Face

Ti Face

AI-Wire Face

Ti Face

AI-Wire Face

Ti Face

AI-Wire Face

Ti Face

Ai-Wire Face

Ti Face

Ai-Wire

Ti Face

Ai-Wire Face

Ti Face

AI-Wire Face

Test

Temp.
(F)

Er

RT

+212

+212

-109

-109

-320

-32O

-/+23

-_23

RT
2T

+212

;+212

+212

Ultimate

Strength

(kel)
r

13&.2
3S.2

132.7
38.0

74.5
21.3

57.0
1?.6

185.8
53.0

166.9
_8.0

1_.6
43.0

132.2
37.8

103.

45._

Compression

Modulus

ps±)

NA-63-1358-13

Failure Mode

AI-Wire face sheet buckling

Al-Wire face sheet buckling

109

18.1

5.18

_.9
4.6

21.0
6.00

21.6
6.19

23.4
6.70

22.2

6.A

t
Not

Core to adhesive bond failure
Ai-Wire delamination

Core to adhesive bond failure

Ai-Wire delamination

Titanium face sheet-to-

adhesive bond failure

Titanium face sheet-to-

adhesive bond failure

Ai-Wire face sheet-to-

adhesive bond failure

AI-Wire face sheet-to-adhesive

bond failure. Al-wire

delamination

A1-Wire delamination

94.2
102.9

53.2

-109 169.6
-lO9 i 21o.2

1

-320 I 238.5
-320 i 243.7

1

determined
Ai-Wire delamination

Core failure adjacent to face

sheet; face sheet buckling

30.5
29.8

29.8
28.6

Bond failure

Face sheet buckling
Bond failure

Face sheet

bucld:h_

Face to adhesive

bend failure

(i) Refer to Table XVII for configuration details
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yield strength of the titanium faces continually increases with decreasing

tem_ture. The difference in the shapes of the curve of composite fa_e

stress and the curve of titanium material yield strength between roan tempera-

ture and -240 F is not readily explainable. A possible ex_tion is that

the yield curve represents appro'_x!matelyminimum allow_ble properties, where-

as_ the actual strengths of the com._osite faces at these temperatures may be

above minimums.

The decreasing strength of the Configuration No. I cc_posite above about

-109 F may be explained by reduced ductitlity in the HT-424 face-to-core

adhesive at these temperatures which prevented it fr_n deflecting with the

metal without failing.

Configuration No. 2_ the glass fiber faces of which were sized for the

axial design load_ had a positive r_rgin of strength at room temperature and

below when the failure mode in the face sheet was compressive, Figure 24,

Interlaminar mode of failure in the faces significantly reduced the failure

stress. The reduction in failure stress at temperatures above room tempera-

ture is probably due to loss of strength in the 828 resin matrix I which is

not a heat resistant system. Reduction in failure stress below -320 F may

be due to reduced ductility in the resin m_trix _nd/or the HT-_24 face-to-

core adhesive at these t_uperatures. Unfortunately I there are no data

available in the literatui_e on the com.pressive strength of thin non-woven

glass sheets to c_pare with the results of these tests.

Failure load (not shown in Table XIIV) as well as failure stress is

sho_w for Configuration No. 3, which had _uLlike faces, Fi_ure 25. Configura-

tlon No. 3 had a positiv_ z_rgin of strength in both face sheets. This

margin is small in the aluminum + wire face due to its relatively low axia£

13o
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c_ressive yield (refer to Table XV3_). Reduction in failure stress

-3.09 F my be explained by reduced ductility in the FM-1OOO face-to-core

adhesive a_ these temperatures (Canl_re with the results on Co_15uratlon

No. 1). The shsrp reduction in strength at 212 F is due to the 5reatly

reduced strength of the FM-1O00 adhesive at this temperature (refer to

_I_ TENSION).

It will be noted in comparing Figures 23 and 25 that somewhat higher

stresses were obtained in annealed than in heat treated titanium. At moat

temperatures prior failure in the aluminum + wire face prevented higher

stressing of the titanium face (refer to Table XXIV).

Configuration No. _ was the only composite that sustained stresses

below -109 which _:re cc_parable with the potential strength of the compo-

site face material at these t_peratures t Figure 26. This my be due to

the exceptionally high face-to-ccre bond strengths achieved in this _ompo-

site (refer tc FIAT_!SE TENSION). The low strength at 212 F is due, as in

Configuration No. 3, to the low strength of the adhesive at this tempera-

tures.

The results of the edgewise compression tests are discussed further

in the section FAIIA/RE ANALYSIS.
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FA_ AKAIZS:r,s

FACING SHEET TENSILE TESTS

GLASS FI_ER IN RESIN

_o types of ult_ate failure modes occurred in the tensile tests on

glass fiber composite face sheet specimens. These were discussed previously

in the section FA_ICATION AND TESTI_TG OF COMPOSITE SHEET and are illustrated

in Figure 27. When failure occurred near or in the end grips or at some other

point of stress concentration_ the fracture _s genera_ sharp and well de-

fined. Test values obtained from this type of failures tended to be scattered.

Fa_ure in the test area s away from the grip% occurred as a "sequentiaX"

fiber failure. Typically_ a few fibers would first break near the specimen

edge and then the fracture would progress from fiber to fiber_ each fiber

generally shredding away frc_ the specimen body as it broke. The broken

specimen_ therefore_ consisted of a brushlike mass. This type of failure

generally produced more uniform strength values.

The failures illustrated in Figure 27are characteristic of those

obtained at all test temperatures.

STEEL NIRE IN PLASTIC

Failures in the wire-plastic sheets were also discussed in the previous

section on fabrication and testing of composite sheet. Some typical failures

were shown in Figure 28_ As in the case of the glass fiber sheets failure in

or near the grips in the wire-pl_stic speciL_.enstended to _roduce erratic

results. However_ all failures in the wire-plastic sheets_ re_rdless of

locaticn, were sharply defined_ appearing similar to fractures obtained in

tensile tests of brittle monolithic metals_ with little or no tendency to

shred_tng of the wires.
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Sheet No. 11 
106.1 kai  

NA 63-1358-13 

Sheet No. 8 
138.1 k s l  

Fa i l u r  
Near Gr 

'e 
'ips 

T e s t  
Fa i 

Area 
. lure  
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Sheet  No. 
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_ + WIRE

Failure modes in the aluminum + wire ec_posite sheets were apl_Lrently

influenced both by the nature of the adhesive bond and by the test specimen

design. A summary of the failure modes is given in Table XXV.

Reference
Table

. (1),

VI

ALUMII_ WIRE SHE_S
FA_ ANALYSIS

Wire Adhesive Specimen Test Failure Mode in
Did Sheet Width Temp. Adhesive Bond

 c ess , - ,(z)

.oo_ .003 3/_ _r Bond inter
.005

XV_ .004 .001 3/1_ RT Bond failure

xvI .o15 .oo3 3/_ _ Bond in_t

xX .o15 .o03 3/_ RT Bond intact

xx .015 .OO3 "/2 ALL Bond _'ailure (2)

(i) T_ble re_rting the test d_ta.

(2) Bond intact at -423 r (See 0P21_M CO_POSITE TEST RESULTS).

In some specimens where bond failure between the wires and aluminum

occurred, none of the wires broke. In others where bond failure occurred

only some of the wires broke. WT_en the bond remained intact, failure of all

the wires was simultaneous w_ h failure in the aluminum. In all of the

three-quarter inch wide test specir_ens where .003 inch or thicker sheets

of adhesive were uzed_ the adhesive bond between the aluminum sheets and the

steel wires remained intact through the failure. Typical specimens with

the bond intact are shown in Figures 29 and 30. These examples both had

.003 inch or thicker adhesive sheets. The configuration No. I aluminum +

wire composite sheets, the test results of which were reported in Table XI_,
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e 

Wire Diameter .004 in.  
Adhesive Sheet Thickness .OO5 in .  

NA-63-1358-13 

Specimen Width 3/4 inch 
Test Temperature R .  T .  

FIGURE 29 ALUMINUM + WIRE COMPOSITE TENSION SPECIMEN 
ADHESIVE BOND INTACT 

Wire Diameter .Ol5 inch 
Adhesive Sheet Thickness .OO3 inch 

Specimen Width 3/4 inch 
T e s t  Temperature R .T . 

FIGURE 30 ALUMINUM C WIRE COMPOSITE TENSION SPECIMEN 
- AWBSIvE -- BC" IFTACT 



P
failed in the bond between the wires and the outer aluminum sheet. This

bond failurep which is illustrated in Figure 31j may be attrih_table to

the small amount of adhesive used_ in this case .001 inch sheets. In

Figure 32 are shown typical adhesive bond failures in test specimens with

a reduced (one-half inch) width. The extreme shearing in the bond in the

212 F specimen is undoubtedly attributable to low strength in the FM-IO00

adhesive at this temperature. Some bond shear failure was noted in the one-

half inch wide specimens tested at RT through -320 F.

FLAT_ISE _SION TESTS
, m

The FM-1000 adhesive showed a greater tendency than the _-_24 adhesive

to an "adhesive" type of failure (failure at the bonding surface) when bonded

to titanium or aluminum. Figure 33 and Figure 3_ show "adhesive" type

failures botween FM-IO00 and a titanium face and between F_-IO00 and an

aluminum core_ respectlveiy.. "Adhesive" failures were obtained also

between FM-1000 and aluminum core at room temperature and between FM-1000

and titanium face sheets at -320 F. HT-424 Joints failures were principally

of the "cohesive" type (failtu'ewithin the adhesive itself). Typical

"cohesive" failures in the HT-424 bond between titanium core and titanium

face sheet and between aluminum core and glass fiber face sheet are shown

in Figures 35 and 361 respectively. The HT-424 adhesive can be seen

adhering to both core and facings in the illustration. Similar "cohesive"

failures generally were obtained in HT-_24 at other test temperatures.

The _-I000 adhesive exhibited "cohesive" failure between the glass

fabric core and the alumin,um foil, Figure 37. Also, the FM-IO00 was

sufficiently strong to cause 100 percent failure in aluminum core at -109 F
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Wire Diameter .015 Inch 
Adhesive Sheet Thickness .003 inch 
Specimen Width 1/2 inch 

Test Temperature 212 F 

N A - 6 3 - 1 3 5 8 - 1 3  

Test Temperature R .T. 

FIGURE 32 ALUMINUM + WIRE COMPOSITE TENSION SPECIMENS 
ADHESIVE BOND F A I L U I G  
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~ ~~ 

NA-63-1358-13 

Configuration No. 3 
Faces: Aluminum + Wire 

Ti-6Al-bV (HT) 
Core: Aluminum aC + Glass HC 
Adhesive : FM-1000 
Test Temperature 212 F. 

58 psi 

Configuration No. 4 
Faces: PH15-7 Mo 
Core: Aluminum HC 
Adhesive : FM-1000 
T e s t  Temperature 212 F. 

159 P s i  

FIGURE 33 FLATWISE TENSION SPECIMEN FIGURE 34 FLATWISE TENSION SPECIMEN 
ADHESIVE: BON3 FAILUFE ‘ . Y U  ~nUT?ST~ili” A. L1 Y” RApTn ,u FAILZp& 
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Configuration No.1 
Faces : Ti-6Al-kV(Ann) 
Core: Titanfum HC 
Adhesive: HT-424 
Test Temperature 212 F. 

628 p s i  

~~ 

NA-63-1358-13 

Configuration No .2 
Faces: G l a s s  Fiber 
Corn: Aluminum HC 
Adhesive : HT-424 
Test Temperature -109 F. 

521+1i 

FIGURE 35 FLATWISE TENSION SPECIMEN FIGURE 36 FLATWISE TENSION SPECIMEN 
COIIESIVE BOND FAILURE COHESIVE BOND FAILURE 
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Configuration NO .3 
Faces : T i - 6 ~ 1 - 4 V (  HT) 

Aluminum & Wire 
Core: A l u m i n u m  HC+Glass HC 
Adhesive : M-1000 
Test Temperature -109 F. 

898 Psi 

NA-63-1358-13 

Configuration No .4 
Faces: PHl5-7 Mo 
Core: Aluminum HC 
Adhesive : FM-1000 
T e s t  Temperature -320 F. 

1554 Psi 

FIGURE 38 FLATWISE TENSION SPECIMEN (lorn jjlAI'Tum 
FIGURE 37 FLATWISE TENSION SPECIMEN 

coHFS1-m BORD FAIiiu% 

iic2 
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and -320 F at PHIS-Mo faces, F_gure 38, and in aluminum core at room

temperature at glass faces, i(referto Table Xl_

The first glass fiber sheets fabricated for the optimum composite

specimens exhibited interlamlnar failures in the flatwise tension tests

_efer to T_ble _I). A specimen exhibiting this type of failure is shown

in Figure 39 •

EDGE,;ISE C0_RESSION TESTS
, i, ,[ ,

Edgewise compression failure in glass fiber sandwich faces occurred

through either compression failure Or interlamin_r failure at all tempera-

tures. Figures 40 and 41 show characteristic glass fiber compression

failure in which the glass fibers break sharply and the broken ende tend to

slide past each other. When the glass faces are stabilized by low density

cores, such as the 4.4 per core used in the Optimum Composites, campres_ion

failure is generally associated with the core crushing and core shear seen

in the above figures. However, initiation of face sheet failure is evidently

not dependent upon prior core failure. When 20 pef core was used, as in the

early tests on glass fiber sheets, glass sheet failure occurred without

accompanying core failure, Figure 42.

lnterlaminar failure in a glass fiber facing is shown in Figure _3.

Typically, the face splits in one or more planes parallel to the sheet sur-

face, p_rt of the sheet generally adhering to the sandwich core. This type

of failure is considered to result from some face sheet defect, such as a

local low resin content, and usually produces low or scattered strength

ValUeS.

Edgewise compression failure in aluminum + wire laminate facing sheets

occurred as either local buckling of the entire sheet, Fi@zre 4/_jor par_ing
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Configuration No .2 
Faces: Glass Fiber 
Core: Aluminum HC 
Adhesive : FM-1000 
Test Temperature R.T 

420 p s i  

NA-63-13  58-13 
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~ 

NA-63-1358-13 

mf iguration No .2 
5s: Glass Fiber 
2: Aluminum HC 
rsive: HT-424 
Temperature -320 F. 
73.0 ksi 

FIGURE 40 EDGEWISE COMPFESSION SPECIMEN 
GLASS FIBEE COWXSSION F A i X .  
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Configuration No.2 
Faces: G l a s s  Fiber 
Core: Aluminum HC 
Adhesive: ET-424 
Test Temperature -320 

79.7 2-71 
F. 

FIGURE 41 EDGEWISE COMPRESSION SPECIMEN 
GLASS FIBER COMYRESSION FAILURE 
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e 

Sheet No. 11 
Tes t Temperature R .T . 

49.9 kai  

NA-63-1358-13 

Sheet No. 6 
Test Temperature R.T. 

62.1 ksi 

FIGURE 42 EDGEWISE COMPRESSION SPECIMEN 
GLASS F I B E R  COMPRESSION FAILUHE 
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Glass Fiber 

Face splith 

/ 
c 

Configuration No .2 
Faces: Glass Fiber 
Core: Aluminum HC 
Adhesive : HT-424 
Test Temperature -109 F, 

29 07 

FIGURE 43 EDGEWISE COMPRESSION SPECIMEN 
GLASS FIBEP, I??'I!ERU!LVAE FAILL !  
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Configuration No. 3 
Core: Aluminum HCGlass HC 
A d h e s i v e  : FM-1000 
Test Temperature R .T 
Altiminum + Wire 38.3 k s i  
Titanium 134.2 ksi 

FIGURE 44 EDGEWISE COMPRESSION TEST 
kiJU--PJjuj t -w-m j3-ijc~-J~-c 
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of the adhesive bond between the alur_uum and the _rires, Figure _Sw or

parting of the bond between the entire sheet and the sandwich core, Figure _.

The latter two types often, occurred together. It should be noted that all

alum/hum to wire bonds and all aluminum + wire face sheet to core bonds were

made with FM-IO00 adhesive.

Edgewise compression failure in the PHI_-TMo faces of Optimum Composite

No' 4 occurred as a local face sheet buckling accoml_nled either _ core

crushing and core tension failure_ Figure _71 or by FM-IO00 adhesive bond

failure at the steel face I Fi6ure _.

Edgewise compression failure in the Ti-6AIJ4V faces of Optimum Composite

No. 1 occurred at all temperatures as a local face sheet buckling accc_ed

by cohesive failure in the HT-424 bond_ Figure 49. The HT-424 can be seen

in this figure adhering to both the face sheet and core.
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Configuration 

NA 63-1358-13 

FIGURE 45 EDGEWISE COMPRESSION SPECIMEN 
LAMINATE FACE BOND FAILURE 
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NA-63-1358-13 

Configuration No.3 
Core: A l u m i n u m  HC+Glass HC 
Adhesive : FM-lOGO 
Test Temperature -320 F 
Aluminum + Wire 43.0 ksi 
Titanium 150.6 

FIGURE 46 EDGEWISE COMPRESSION SPECIMEN 
~i'u'iui~wm FACE aom F A I L L U ~  
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Configuration No .4 
Faces: PHl5-7 Mo 
Core: Aluminum HC 
Adhesive : FM-1000 
Test Temperature R.T. 

195 01 ksi 

~ 

HA-63-1358-13 

FIGURE 47 EDGEWISE COMPRESSION SPECIMEN 
Pal;-? MC LCC& BUCanTGr 
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Configuration No. 4 
Faces: PH15-7 Mo 
Core: A l u m i n u m  HC 
Adhesive: FM-1000 
Test Temperature -320F 

238.5 ksi 

FIGURE 48 EDGEWISE COMPRESSION SPECIMEN 
PH15-7 MO FACE BOND FATLURE 
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~~ ~ 

NA-63-1358-13 

Coheive 
Bond Failure 7 

Configuration No .1 
Faces : Ti-&l-kV(Ann) 
Core: Titanium HC 
Adhesive : HT-424 
Test Temperature R .T 

127.5 ksi 

FIGURE 49 EDGEWISE COMPRESSION SPECIMEN 
TITANIUM LOCAL BUCKLING 

1 5  5 



@

@

3.

0

@

e

12.

}_r_zekj W. A. "Structures and lV_terials _sse" Astronsuticsp
_n_ 1_3.

NAA Report NA-64-12501 "DDC Card Bibliography on Cumposltes Materials".

NAA Report NA-63-1333 "Composite Materials and Composite Structures:
A Literature Search Conducted on the NASA Search System_" October 30_

1963.

NAA Report NA-63-1298, "Sandwich Structure and Laminated Structure:
A Literature Search Conducted on the NASA Search System," November 14p

1963 •

NAA Report NA-63-1338, "Pressure Vessels: A Literautre Search Conducted

on the NASA Search System," October 30, 1963.

ASD-TR-63-878, "Sandwich Rocket Motor Case Program-Final Report"
Contract AF 33(600)-43031_ Wykes, D. H., North American Aviatiom,

Inc., Space and Information Systems Division, March 1963.

SSD-TDR-63-1, "Titanium Tankage Program, Phase I - Final Report,

Advanced Tankage Configuration Study," Contract AF 04(611)-8505

_rita, W. H., North American Aviation, Inc., Space and Information
System Division, February 1963 (Confidential).

AFRPL-TR-64-164, "Titanium Tankage Program, P_ase II - Final Report -
Titanium Tankage Development," Contract AF 04(611)-8505, Morita, W. W.I

North American Aviation, Inc., Space and Information Systems Division_
November 1964 (Unclassified).

NAA Report NA-62-833, "Sandwich Structures Bibliography," August 3, 1962.

ASTIA Report AD 295-500 "Defence Documentation Center Bibliography on

Composite Materials".

Kazim, M. I. "Sandwich Cylinders - Part I, State of the Art and

Advantages of Sandwich Construction, Part II_ Uniformity of the

Mechanical Properties of the Core," Aerospace Engineerin_ August and
September 1960.

FGT-_'83 '_terial Design Study of Brazed R.S. 140 Titanium Sandwich for

B-58," Kaarela, W. T., General Dynamics, Ft. Worth, Air Force Contract

AF 33(600)-36200, 15 January 1962.

I%



NORTH AMERICAN AVIATION. INC. / LOS ANGELES DIVISION _,-63-13._B,-13

(co nr )

13.

14,

15.

16.

7 @

18.

19.

22.

23.

NAA Report NA-59-1597 "Structural Development of Brazed Honeycomb
Sandwich Construction for the Model F-lOS Air Vehicle t" Air Force

Contract No. AF 33(600)-35605, North American Aviation, Inc._ Los

Angeles Division, December 31_ 1959.

NAA Report NA-64-I032, "Technical Proposal for Liquid Rocket System

Conjugate Structure and Tankage, Part II: Flight Weight Structures

Develol_nt and Fabrication," North American Aviation I Inc., Los
Angeles Divlsion_ November 30, 1964.

EMIC Memorandum 147 "An Evaluation of Materials for Rocket-Motor

Cases Based on _nimum Weight Concepts," Defense Metals Information

Center I Battelle Memorial Institute s March 8, 1962.

TRECOM Technical Report 63-15 "Feasibility of Reinforced Plastics for

Primry Structure of Army Aircraft," U. S. Army Transportation Research
Command, March 1963.

PLASTEC Report i0 "A Survey of Filament Winding: Materials_ Design

Criteria_ Military Applications," Plastic Technical Evaluation Center,
Picatinny Arsenal, M_y 1962.

"Proceedings of the 19th Annual Technical and Management Conference"

Reinforced Plastics Division; The Society of the Plastics Industrles_
Inc._ February 1964.

Lemcns, C. R. "Fabrication of Large Fi]_ment Wound Liquid Propellant

Tank_': Engineering Paper No. 1270, Douglas Aircraft Company, Inc.,
SAE i_tional Aeronautic and Space Engineering Meeting, October 1961.

Fried, N., and Winans, R. R., "Research and Development Report on

Reinforced Plastics for Deep o_bmergence and Other High Strength

Applications-Compresslve Strength," Lab Project 6189, Progress Report

No. 3, Z_terials Development Br_mch,_terials Laboratory I New York
Naval Shipyard, March 8, 1962.

BPD-863-14162_ "Fabrication of '_:ireWound Vessels for Motn_ Cases,"

Wertz, W. E., Bendix Products Division, The Bendix Corporation I SAE

National Aeronautics and Space Engineering Meeting t October 1961.

Research Report R62-43 "Research on Wire Wound Composite Materials,
N_rshall, D. W., Department of Civil Engineering, M_ssachusetts

Institute of Technology, 30 November 1962.

ASD-TE_-63-619 "Final Report on Fiber Reinforcement of _'etallic and

Non-Metallic Composites," Air Force Contract AF 33(657)-7139, Baskey,
R. H., Clevite Corporation, July 1963.

157



NORTH AMERICAN AVIATION. INC. / LOS ANGELES DIVISION Z_,A-63-13PS-].3

(co rm )

25.

26.

28.

29.

30.

31.

32.

33.

43.

"Status Report, Non-Metalllc Fibrous Reinforced Metal Ccmposites_"
Bureau of Naval Weapons Contract NOw 61-O209-0_ Macklln_ E. S._

Materials Research Corl_ration t September 1961.

ISMET 3337 "The Fibre Reinforcement of Metal-A Critical Review",

Kelly_ A., Interservice Metallurgical Research Council (Great Britain)
June 1964.

R-2918P I "The Develolmmnt of Metal-Filament Reinforced Metal Structures/
Glyman, J._ North American Aviation t Inc., Rocketdyne Division, C'Ar,Oga,_
May 1961.

NAA Report NA-64-I031 _Mechanic_ Properties Evaluation of Solid State

Bonded Titanium-Boron and Titani_n-Beryllium Ccmposites_" N_th

American Aviation I Inc._/Los Angeles Divisio_ October 29, 1964.

NAA Report NA-61-1207 "Development of Diffusion Bonding Process for

Fabrication of Titanium Honeycomb Sandwich Structure1" Shea_ J. J._

North American Aviation, Inc._ Los Angeles Division, November 9, 1961.

_LAA Report NA-6B-1155, "Investigation of Effect of _@um_facturing

Variables on Diffusion Bonded Joints in Titanium," Lewis J., North

American Aviation, Inc., Los Angeles Division, September 30, 1963.

NAA Report No. NA-64-1211 "Diffusion Bonding Aluminum to Stainless

Steel," Lorenz, R. and Atteridge, D., North American Aviation, Inc.,

Los Angeles Division, November Ii, 1964.

PB 171809 "Cryogenic _._terials Data Handbook," U.S. Department of

Commerce, Office of Technical Sex,ices, _[ashlngton_ D. C.

Report No. GD/A 63-O818-4, "Physical and Mechanical Properties of

Pressure Vessel _terial for Application in a Cryogenic Environment,"

_nristian, J. L., Yang, C. T.s and Witzell I W.E._ Quarterly Progress
Report 15 :_y 1964 to 15 August 1964, Air Force Contract AF 33(657)-

11289 Phase II General Dyrmx_[cs/Astronautics.

AS_! 1960 Preprint 76b "bTmrp-Edge-Notch Tensile Characteristics of

Several High-Strength Titanium Sheet Alloys at Room and Cryogenic

Temperatures," Espey_ G. B., Jones, M. H., s_d Brownj W. F. Jr..

Cunnlnghe_m, J. H., "Physical Concept Simplifies Analysis of Cylinder

Buckling," Space-Aeronautics 3 :'_.rch1962.



.0e*H AUEn,Ca. AV,An0.. '.C / LOSA.SE,ES0.m0. NA'-63-23.58-.13

35. Data Sheet 3500, "Hexcell Mylar Honeycomb I" Hexcell Products Xne._

November 15_ 1963.

36. MRG-323 "Thermal Conductivity of Fiberglass Honeycomb Panels at

Temperature," Haskins, J. F., Jones_ H._ and Percy, J. L.I General

Dynamics/Astronautics, June 26_ 1962.

37. RRA 4279 "Scale Up Studies of Metal Matrix Composltes_" North American

Aviation, Inc., Los Angeles Division.

38.

39.

41.

42.

43.

_e

45.

I_6.

RDA 4244 "Diffusion and Chemical Barrier Studies for Control of Bona

Between Filament and Matrix in Composites_" North American Aviation_

Inc., Los Angeles Division.

Technical Data Sheet No. 2 "Scotchply Type I009-26S," Minnesota Y_miag

au_ _nufacturing Co. t October 15, 1963.

Broutman, L. J. "Failure Mechanisms for Filament Reinforced Plastics
Subjected to Static Compressiom_ Creep and Fatigue," Proceedings
Nineteenth Annual Technical and N_gememt Conference,Reinforced Plastics

Division. The Society of the Plastics Industries, Inc. t February 4e 5_

6, z964.

Engineering Paper No. 1597, Barrier Films for Filament _ound Fiberglass

Cryogenic Vessels," Toth, J. M. Jr,_ Douglas Aircraft Co., _issile and
Space System Division, August 196S.

"Aerospace Structural Metals Handbook," Volume I Ferrous Alloys and

Volume II Non Ferrous Alloys, Aeronautical Systems Division t Air Force

Systems Command, _rch 1963.

HA 4156, "Development of Diffusion Bonding and Welding Teehniques_"

North American Aviation, Inc., Los Angeles Division.

NAA Repoz_ I_-63-578 "Technical lh-oposal for Development of High Strength,

Low Density Composite Structural l_terials for Saturn Applications,"

North American Aviation I Inc., Los Angeles Division, May 20, 1963.

TSB 120 "Mechanical Properties of Hexcell Honeycomb Materials#" Hexcell

Products Inc., February 20_ 19_t.

Data Sheet "H_-IO00 Adhesive Film" Rloomingdale Rubber Co., October 16,
1961.

159



NORTH AMERICAN AVIATION. INC. / LOS ANGELES DIViSiON 1_.-63-1358-13

(co )

47. Hertz, J. "An Evaluation of Several Structural Adhesives in Cryogenic

Applications," Adhesives _ August 1961,

48. Data Sheet "Er-424 Adhesive Films" _1o_ningdale Rubber Co., August 7,
1961.

49. Kausen, R. C., "Adhesives for High and Low Temperatures," Materials in

Design Engineering, September 1964.

160



NORTH AMERICAN AVIATION, ING.
INTERNATIONAL, AI RIPONT

LOS ANGELES 9. CAUFORNIA

n_343_-_

APPENDD( A

LOCAL STABILITY

To preclude local failure of the honeycomb facing sheets, stabilization of
the cylinder walls require s sufficiently stiff core to overcome three forms of
instabilit_ (Reference l), :

i. Intracel! buckling

2. Face sheet wrinkling

3. Shear crimping

Intracell buckling failure results when the facing sheets buckle as a

panel between the supporting cell walls. _is type of failure is typical of

thin facing sheets. The following empirical equation is used to evaluate _ntra-
cell buckling:

where

(Plasticity Correction)

Young's m_iulus of the face sheet

_ngent modulus of the face sheet

Facing sheet thickness

Cell size

It is noted that the intracell buckling stress is principally a function of face

thickness and cell size. Core density and core depth do not directly affect
the intracell buckling allowable stress.

WrirLkling failure of the honeycomb sandwich occurs when the stiffness of

the supporting core is insufficient to support the facing sheet at the required

stress level. The following _._pirical equation is used to evaluate wrinkling
requirements:

w_lere

E_ -- Tangent modulus of face sheet

Secant modulus of face sheet

Core compression modulus

Core shear modulus

(Plasticity Correction)

Young's modulus of face sheet

A.1
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Shear crimping failure is a form of general instability failure where the

wave length of the buckle becomes very small due to a low core shear modulus.

The failure occurs suddenly and causes the core to fail in shear at the cri_p.

The following equation is used to calculate the critical shear crimping stress:

_At-= =

1,there

!

_C = Core shear modulus

C_ = core depth

_C = Face thickness

The plasticity correction factors _I and _ were equal to one for the

3000 Ib/in. compression axial load and I0,000 ib_in, tensile hoop load con-
ditions that were checked.

Core properties EC and _e were obtained from the following equations:

where

e / t-- \hVIS...

Young's modulus of core material

Young's modulus of core

Shear nodulus of core material

Shear modulus of core

Density of core material

!

Ec=

. Der_ity of core

Facing sheet material properties were obtained from Table IX in the body of

the report. The tangent and shear moduli of the metals were taken from Reference

B-2. For the glass, the tangent modulus was assumea equal to the Young's modulus

an_ the shear modulus was assumed equal to 0.4 x Youmg's modulus.

The intracell buckling and wrinkling equations were developed for iso-

tropic facing sheets and,therefore, application of these empirical equations

to orthotropic filament wound glass honeycomb configurations is clearly beyond

their intended scope. It was necessary to assume effective properties, thick-
nesses, and stresses in order to attain the tabulated values.
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APPENDIX B

S_ESS EQUATIONS

The following general equations were used to calculate stresses in
the faces of sandwiches:

Ci (A_=Co -&Ti =_t) E±Eoto

Where

6"0 and_i = Thermal stress in the outer and inner faces, respeetiveXys

resulting frc_ the temperature changes

ATo and_Ti = Temperature change in outer and inner faces, respectively

_o and_i = Coefficient of thermal expansion of outer and inner
face materials respectively

._'oand Ei = Modulus of elasticity of outer and inner face materials,

respectively

to and tl = Thickness of outer and inner faces, respectively

The above equations re_.uce to the following when the outer and
inner faces are of the same material conposition:

ti )6"0= (-_o +_.) (_) (:_¥.,to

6"_: (_To _.Ti) (_E) to )= - (ti + to

B-1



APPENDIX 0

FA2RICATION MET2DI_

FIIA_ARY COMPOSITE SHEETS

All composite sheets with glass fibers and/or wire in a resin matrix
or wire bonded between aluminum or titanium sheets were wound over a flat

(1/2 X 11 X 21 inch) mandrel, as shown diagramatically in Figure 1. After
winding and curing_ the exposed fibers or wires at the ends of the mandrel
were cut_ producing two cc_plete_ similar composite sheets. Figure 2 shows
a lathe that was modified to acc_nplish the winding. Table I gives details

of the winding and processing procedures for the sheet materials evaluated
under the PHASE I FABRICATION AND _ESTING OF COMPOSITE SHEETS.

PHASE I SCREENING C_

Details of the methods used in fabricating the screening composite
panels are given in Table II.

PHASE II OI_D_N COMPOSITES

Details of the methods used in fabricating the optinaun canposlte

panels are given in Table III.

C-1
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Figure 1 Diagram - Fmndrel With Wound Glass
Fibers and Wires
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COMPOSITE

8HKETS

FACE smuts CORE

Sheet No.Sheet No.

i

Sheet No. 1 was not made

into a sandwich

Alumlnum-Wire

Composite

Sheet No. i

Thickness = 0.O81

Sheet No. 2

Thickness = 0.I00

Aluminum H/C

20 lb/ft 3

Thic]uuess = 1.00

BATIIr i

Sheet No. i

Wound dire:c ply:: .O04 in ila,

bonded between 3 sheets of .016 in.

" 7075-T6 clad aluminum, Bonded with

8 sheets of .003 in thick FM-1000

adhesive film.

Cure:l 1/2 hours at 325 ° to 345°F -

_ 60 psi. heet No. 2 s_ae as N_. i

b I I I

NORTH AMERICAN AVIATION, INC.
UlB

miami,.I __-_

EY.%IJUWrlON
I

CLEANING PR_DUI_E

[r_: U1traso,_i_' cleaned in Toluene

)re : Vapor iegrease

: Hot Sodium dichroma13e/

aci_ etch. LA-OI10-OOO

Face sheets bonded to core with

.06 ib/ft 2 FM-IO00 Adhesive

film.l 1/2 hours at 325 ° to $457

-SO psi.

Sheet No. 3 Titanium - Wire

Composite

Thickness = .070

i_I.

_8_e as

Sheet Nc.

Wire: Same as No. 2

Core: Same as N(_. 2

Titanium : Hot _, _rofluoric aeld

-phosphate _tch-

IA_)IIO-(X'6

Same aS NO. 2.

Sheet No. 4 Ikiaxis.l Filament

Glass/Wi re I_m_ir_m

ThicMless = .045 in.

_sJqe _s

Sheet No. 2
Wound Glass: : _lTs S- }4 C_ass

Fll_ent 2L4 i_f's/in/Jly

@uund wire: : )]/s ._,_)4in.

Dia Steel d}v - 14_ wire,s�in�

ply
*../ires_,ndc<, C) llass with q-

sheets of .c( > _u. thic.<

f_4-1<_W] Au:_cs 1._ O Film

Bon_ed at 31 ,_ %0 _49 'F fo_

1 1/2 hours - k _ Dsi.

_4ire: Same as sheet No. 2.

Core: .__me as sheet No. 2.

Face shee_s bonded to core with

.06 lb/ft _

FM-lOOOAdhesive Film at 325 ° to

345°F f_r 1 1/2 hours - 30 psi.

Sheet No. 5 Biaxial Filament

Wire I_ninat e

None Wound Glass: > p]ys ;-,& Glass

Filamen% 224 h_:_ds in/ply

Wound Wire: _ _]ys ._0a i:_. Dia
r /._teel Wire i_k w_r<_s/_,/ply

Y_trix: ipc..n <_2_,"_._,\/Bl._4A Hesim

Resin Conte._t:

psi.

dire_ 5_me as for Sheet No..If Not made into sandwich because

face sheet delaminated after cure.

I008-C-6 Ile_ 12-62
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PAN NQ. OIP ¸
i i

_.63-135_3-13

-COWmOSITE
SHEETS

Sheet No. 6

..... A

Sheet No. 7

L

Sheet No. 8

L_ ................ . ._'4

Sheet No. 9

IO(_-C-6 Jew 12-62

.... FACE 'S_ET3 .... ':

i
I

r

.... CORE

Biaxial Filament

(l:l)

Same as sheet

NO. 4

Biaxial Filament

Glass (i:i)

Thickness = .055

inch.

Biaxlal Filament

Glass (2:1)
_nickne ss =

_e as i'oF

Sheet No. 2.

No. 8. - .048 in.

i_me as _o_

Sheet No. 2

i

........

CLEANING PROCEDUPJ_

Wound Glass: g plys of S-,_'94

glass filament. 224 ends/in/ply

Matrix : E_on rk_ ' _/ B_

Re sin.

Cure: 1 i/2 ho_rs at 350°F-bO psi

Resin Conte:,t io_ by Wt.

Same as for smeet No. 6 except

Resin Contempt 2o.7% by _t.

Core: Same as for Sheet No. 4.

Core: Same as for o_neet No. 2.

Same as for Sheet No. 2.

: same as for Sheet No. 2.

=_ • _
[

sm_w_ _o_o m_EmmE ....

Same a_ Sheet No. 4.

Same as for Sheet No. _.

Sheet No. _ bonded the same as

sheet No. 2.

8mme as for Sheet No. 2.Biaxial Filament

Glass (2:1)

Thickness = .030 in.

_9_ne as for

Sheet No. 2.

.... llN --

II Same as far _neet No. ,..

ii F,e_In Content :
[ No. 8 - 24.0¢ by Wt.
i

Core :

_;ound Glass : _ Core

_ .:, plys of -_-Y54 glass _

filax,ent - 15_2 ends/in/ply- {_I

i in onc direction _d 2 plys :!'_,

; 144 ends�in�/ply 90 to that. _'_

i_csin Content 20.1% _y ,'it. !_'E

! %

i
i,

c-5
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COM_POSITE

SHEETS

Sheet No. i0

i

Sheet No. L1

)

FACE SPinETS

Bi_ial Filament

Glass (i:I)

Thic}uaess 0. 28 in.

CORE

_e as fo!

Sheet No. 2.

WINOI]_G _!0,7iDVqE

5a_e as for sh,se': No. C except

4 _lys of ;, - 22,; en<_s/in/piy

Resin Content: 21.:% by Wt.

CI_ANI NG F_OCE DD_

Core: same as for ;heet No. 2.

 IcH B  DiNGm0 DURE

Same as for Sheet No. 2.

Blaxial Fila_,ent

Glass (2:1)

Thickness = .021 in.

J_me as for"

Sheet No. 2

2_'u_c as fo" Sheet '.,o. ,_ _x.(_t"c

3 plys of _-_94 - ,-'_°ends/in/ply

Resin Content = k-.(J_ by _t.

Not _ Into a san_wLeh.

Sheet _o. 12

_ .................... " * t'13

Biaxial Wire

(z:l)
Thickness = .0[_0 in.

Sheet No. 13 Biaxial Wire

Thickness = .022

Same as for

Sheet No. 2.

- . _,

3amc as f*o_,

Sheet No. 2.

.%__

6 plys of .004 in lia. Steel

Wire - 17o wires/in/ply

Bonded with 7 sheets of .O01 in.

Thick FN-!O)!4 a_esivc fi]_ with

one sheet (f .CO2 in. im FM-104_

Bonded to each face of the com-

posite (T(_al = 2)

Cure: 1 1/2 helms at 325" to

345°F - oO psi.

i

Game as for 3h<_et No. 12 except

plys - 17< wire_/in/ply,

5 sheets of .001 in.

FM-I04*_ a_d 2 _heets of .L_O2 in.

FM-1044

Wire: 3s_,e as for Sheet No. 2.

Cure: Same as for Sheet No. 2.

Some as for Sheet No. 2.

Wire: Same as for Sheet No. 2.

Core: _me as for Sheet No. 2.

Same as for Sheet No. 2.

•-<

t

i

I
I
i

,/ .,J

v

i008-C-6 _lev 12-62



CONFI <'IT!:ATXN i

I_ 2- I

.................. :_1%1

r. ...j

LN 2- II

i

FACE J_ZEETS ?0, E

OAI-:_V Tit_ni _n
J

Conditi ,n A

ThickI_ess = .Y,O

i Inches.

Tit:injure - 7>:,

':/<, i_. _ i:._/r_. -'_
4li,,kn_ss = l.Ob

Inches

Alu_.intum - Wi re

Cor:posite
ThicFjicss = .<,_

Inc he s

_LI b_Zi nLh_

5o ;-_{39 H/,_

Thickn( ss= i./i

Incht s

WINnlNC _*;k_EDU_E

NO_[E

Filmnent wou_;d (.@)4 "n. did)

steel wires * yl_ at 192

wires/ :nch/p] j bJ_i.ie: between

3 sheets of .010 inca 2Oi4-T0

Alur l.mum wl th /h_t_ of .001

Inch FM IO44 A_e_ive film.
%

_l'&_ ll'le

i !

NORTH AMERICAN AVIATION. INC.
TA_ II

FABRICATION PROCESS FOR SCREENING

PAG.m _.

NA-63-1358-13

o..., COMPOSITES _ ,,o.
i

CLEANING HROCEIZTRE

Titaaium: NAA/LAD Process Specification

l_[k1_lO-OOb: Alkaline cleaning and an

inhibited hot hydro-fluoric acid pickel

and phosphate etch Core: vapor de-

grease

Wire: Ultrasonlc cleaned in Toluene

Core : Vapor Degrease

Aluminum Sheets: NAA/LAD Process

Specification LAOllO-O06 (Hot sulfuric

dichromatic - sulfuric acid)

SANDWICH BONDING PROCEDURE

! Bonded with l_-lO00 (.06 ib/ft 2

! Adhesive film at 20 psi,

325 @ to 395? for 90 mins.

Same as L_ 2- I

LN 2- III

---T---_-:_?,qv ,-_ !-

Bia×ial Fil unent

glass tape and

wire ] L_J_JIi_t __

Thickness : .0[©

oame '_s I_ L- II
Th!ckness = 2.33

inches.

W,,uno . _iC _:. _. steel

wire z ::lys -_ euls/in/ply

b,,tw,cn 6 ply o_ pre-iml_A&t_:a

_inidire.:si,,n'._ _!-"_ 61as_ fila-

ment tape 130 _'.4_ in/ply and

2 pl/s of .00_ iach an,i 2 plys of
.,)02 i_, tnic_ i

_M-I )4,* A'dnes _vc ',F iia_.

Wire: S_me as L_ 2- II

Core: Same as LN 2- II

as L_ 2- I

LOX- I

(a) - _=:_= :--<....... ; -.?

(6) ........ =.

(a) J}kl-V Titaniur

(_?T) Tilic_ hess:

.03_; inch.

(b ) /Au_.imm,-." ir_-

Composite

Thickmess: .J4>

Inch.

S'm,_ as I_- !I

TLickness= 1.70

Inch.

LOX - II

Biaxi_l Filament

Glass Tape (2:1)

Thickness= .050

Inch.

Same as IN 2- II

Thickness = _.00

Inch

IOO8-C-6 Mew 12-62

!

Aiur inure - Wire- oame

as ]_N2- [I

Un idirec ti onal-_reimpre_te _

S--_4 glass t_,_,_ 12 plys

l_O ends/inch/ply

, Wire: Same as LN 2- II

, Alumlnum: Same as LN 2- II

, Core: Same as LN 2- II

iTitanlum: Same as I_2-I

Core: Same as LN 2- ]!

Same as LN 2- I

Same as LN 2- I

c-7
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CHICKIO IIYs

COMPOSITES
DATEI

NORTH AMERICAN AVIATION, INC.
TABI_ XI:-

PABHICATION PROCESS FOR SCREENING

SCREE_VING COMPOSITE

CONFIGURATION

FACE SHEETS COPJE

LOX III

-(,)
(C)-- !...... - ......... :-:.... :..f:.++

Biaxial Filament

wouaa _:lass(2:1)
Thlckncss = .050

Inches.

+5_.m,._+ as LN 2- ii

(See Table I!)

Th/ck:_ss = ".0,:)

finches.

] . ____

(a) Biaxial F[iament (d) HRP G_ass

Wound glass

(2:i) Thicm_:,ss=:
•035 in.

(b) 03 Aiu_i num

loll thickness=

0.003 inch.

(c) 6Ai-AV Titanimn

(Ann) Thickness =

.o05 linch.

[ WIr;DIUG i_ ( _DUIm !

;+_+,<+ 84 frV'_' S-,::+ +S f ._" O!>ti:!U]+

C)mposi_e _', i'i_,+_+'_,'*+b n[i . _]

i ( :,:eT" hle TFI)< :.... t cure pressu:'e

was o) l,s_ '_+: +'e.sin co:tent

20 _ by wt.

CLONING E{OCEDURE

Pac+: sheets - sanded and wiped with
M_K

Core: Same as IZo- II

SANDWICH BONDING PROCEDURE

Same as LN2- I

(See Table II)

Wound Glass: :_-,me as LOX III

LH 2- II

(a)- _lti 1[1<i7,,-_:_---:-f._'d_
• •

-(e)

LH 2- III

-,"-7-.... ......
J

I :

(b) ....... ;

(_)--m .... - .......+* ..... -_

-(e)

a) 6AI-4V Titaniur+!

HT) Thickness :
.042 In.

(b) 3003 Aluminum

Foil Thickness-.O05

inch.

(c) OAI-4V Titanittm

(Ann) Thickne ss=.042

Inch.

i H,k, 8 ibs/ft5

Thich_ess=

.2D in.

(_) Al,_a_im_ ._O<O.,-

Ibs/ft j

_i cMne ss=i .:[i in.

except.
u piys _ +_- " , /" "/-;-- .+ '-" . L:_ : i y

Resin c,:,:;t,.u;t 20 ! _y wt.

Id I Same as LH2-1c A!t_inum 5_+52-

H_w H/C _)
ios/ft3

Thickness--O. 9y in.

Core: ._me as ]/_2" II

Tit<u_iur_: Gaffe as I/_2- I

Ai_inttm Foil: (_me as LN 2- II

Same as LN 2- I

|

(a) Biaxial Filament (_) _te as L_2-1

Wound glass (2:1)
Thickness-.055 in.

(b) 3o03 A_u_inum
Foil Thickness =

•_+3 inch.

(c) Alu/ninu/n-Wi re

Compositc Th/ck-

ness= .045 in.

(e) Same as IH_-I

iThickness-2.03 in.

W",)und G_ass: .:_-£ au L0X ill

and Resin : i,',,_._ I _/^t.

Titanium: _ame as I/_2- I

. Aim:_inmn Foil: Same as _2- II

Core: _ame as IZ 2- II

Wound Glass: Same as LOX III

Aluminum Foil: &_me as I/_2- II

Core: Same as I/_2- II

Same as LN2- I

Same as LN 2- I

_.ooe-c-6_. _+-6+ C-_



OATI[I

NORTH AMERICAN AVIATION, INC.
TABLE IZ- cownmo_

FABRICATION PROCESS FOR SCREENING

COMPOSITES

NA-63-1358-13

Nq_DtL _.

SCREENING COMPOSITE

CONFIGURATION

HF-I

HF-II

(I)-,

FACE SHEETS

PH i5-7Mo Steel

Thiekne ss =

0.25 Inch

CORE

Same as LN 2- II
T%ickness = 1.03

Inc h.

WINDING V_ _ _UURE CLEA.N'ING P_OCEDI_E

Jteel : Inhibited Fluoride etch

(a) Maraging Steel

Thickness - .030 in.

(b) BiAxial Filament

Same as LN 2- II

Thickness = 2.10

NONF,

W o___1(_1Gi_ss: S_,m,' as '_X III

except 6 p!Ys 19/ _n,_L/inch/ply

Resin Content = 20_ by _t.

Core: Same as LN 2- II

3teel: _ ss FfF-I

_ound Glass : Zame-LOX III

Core: Same as LN 2- II

SANDWICH BONDING PROCEDURE

Same as LN 2- I

Same as I._ 2- I

HF-Ill

ii'; * !_l!i!,_!U-i
i !i

;........... ___JI

Wound Glass (2:1)

Thickness = .035

in.

6AI-4V Titaniu_._

(HT) Thickness =

.032 In.

ill.

S_ne as LN 2- II
Thickness = 1.52

in.

Titanium: _me as LN 2- I sQ, u _- Z



i , F

J

t

OPTIMUM COMPOS ITE_

CONF I GURATION

NO. 1

NO. 2

NO. 3

NO.

?Z==vr T d   :ffl
: • ! I i :

. ] I i ]
[ I Iii I ' l

!ti' t
' ! i:

i!l! ! f! L A

FACE s_ _,d's

i 6AI-4V Titanium,
J

Condition A

i Thickness = .040

i inches

I
i

]Bi,,xiany F:il , t" i

,'_wound glass. Thick- i
: hess = .057 inche s
J

i

J

I

I t
f
1

J
i

....
"J .L tL . , £__5__--__/__--_____a

" ! ...... vT_.__ - u __[L_L:----'C_::__4

_oce-©-6 s,, ,t_

1

I

l(a) Aluminum-Wire

i Composite Thick-

1 hess = 0.0451

i (b) 3003 Aluminum
, Foil _niekness =

! 0.003 inch

':(c) 6A1-4V Titanium

; Condition .,PA

i Thicknesb_ 0.030

1

CORE

Titanium - 75A

H/C, 4.4 Ibs/ft 3

Thickness = I.(_0

inches

_hi;%num 5o52-_3_

H/C, 4.4 lbs/ft- _
Thickness = 3.t_)

i nc me s.

! PHI5-TMo Steel

'Condition RH 1075
!Thickness = 0.026

pillll[ pA II1|0 BY,

CHECKEO EY,

I

I
!
|

i

OATI[!

I

Singl_ eil2 L-9-_)b, L%ass

Fil:_me_ls_ wur_ wound on a

flat r_uutrel at 224 en_s/

: inch in. plys ant, at 90 _,

* ply:; we.re wounc _t i_4 ends/ i

inch. i_e%ween Dlya epoxy resin*

n'_trix _i_erial (!00 pbw kpon

i o2_, 90 pbw NMA, 0.0 pbw BE_'A) *

i was applied to the glass. The

i panel_ :_*.ill on the mandrel !

i were pros bonded at 40 psi_

i 3_O°F, for 1 hr. to obtain ,

16-20_ _esin content for ._et i

No. 1. $_t No. 2 was the same I

except _<) psi bonuing press-
ure wa_ iuse<_ to oOtain 23-25_ ,

resin con_en_. A// panel_ were

I_st c,_._,i i }9" at :50°F.

' (d) HRP Glass

H/C 61bs,IFt J

Thickness --(].25

(e ) Al'.m.l num

' 4.4 ibs,/Ft 2

i Thickneas =I. 55i

I

i

%luminum

i _'4 ibs/fta i
Thickness = i.rJ

Alumi num.-Wire 7omposite-J_teel

w_re (.0L5 i_. li'_.)was

filaJ e;.t wotmd at 5v wires/

inch _ d bon_P_l i.etween two

sne,.t._ _ O.¢1) ia,:a 2014-To

with -'_LO-_* a blesive

i

:j i

, ,a ,

NORTH AMERICAN AVIATION. INC.
TASLF 1"1"1"

FABRICATION PR0_SS FOB OPTIMUM

c0_msrrEs

I CLEANING PROCEDURE

i Face 3heets-lmmersed for 2 mioutes

at RT in 841 ml 37-38_ HCL,

L:_ ml _5-87_ H3PC h, 43 .& 00%

HF. Water rinse followed by de-

ionized water rinse-Forced

: air .:try. Bond within- 5-iO m_m_.

Core-Toluene _sh - _ slnn_y

i
Face [Sheets-Sanded and wiped with

MEK

!Face Sheets

! (_) _ (b) Sodl_ dic_o_-
i Sulf_ric _eid etch.
t (c) Same as for Coafig_u_ation

No. 1 a0ove.

!Cort (e) - Toluene wasa-FV_K spray.

i

Face Sheets

' InhibltedFlmori_ Acid e%¢_
i

iCore -Tcluene wash - MEK spray

im

PA_ N@. OF

gA-63-1358-13

SANDWICH. BONDING PROCEDURE

Bonded with _T42_ at 20 psi, 350?
for 75 minutes.

Set No. "I Bonded with F-IO00

at 20 psi, 325-3457, for

1 1/2 hours.

Set No. 2 Same as Configuration

i above.

]

Bonded with FM-lO00 a% 20 psi,

325-345°F, for i 1/2 Hrs.

Bonded w_th_S4-10OO at

20 psi, 325-345"F, far

1 1/2 _,.
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APPENDIX D

TEST METHODS

TESTS AT ROOM TE_ERATURE, 212 F, -109 F, and -320 F

AT NAA/IAD

GENERAL

In general, testing of sandwich materials was conducted in accordance

with the military testing specification of Reference (a). Metallic mono-

lithic sheet materials were prepared and evaluated in accordance with

Reference (b). Composite sheet materials, including metals and wire

laminates and glass fibers or wires in a resin matrix, were tested in
accordance with Reference (c). Core shear tests were conducted in accordance

with Reference (d).

Either a Baldwin 120,000 pound Universal Testing Machine or a Riehle

120,000 pound Electro-Mechanical Testing Machine was used for load application.

ELEVATED AND LOW TE_ERAT_E TEST_

The methods that were used for maintaining and measuring test tempera-
tures were the same for the facing tension, flatwise tension, flatwise
c_mpression_ core shear, and edgewise compression tests.

All testing at +212 F _zasaccomplished in the type of hot air furnace

shown in Figure 1. Specimen temperature was monitored with chromel-alumel
thermocouples.

Testing at -109 F was accomplished by two methods. In one method

specimens were i_ersed directly and allowed to reach thermal equilibrium in

a mixture of solid carbon dioxide and trichlorethylene, Figure 2. In the

other they were cooled in a gaseous nitrogen chamber in which the temperature

was monito._ed with an iron . constantan thermocouple, Figure 3.

Testing at -B20 F was accomplished by direct immersion in liquid
nitrogen, Figure _.

FACING TENSION TESTING

Monolithic metal sheet test coupons and glass fiber or wire in resin

coupons were prepared in accordance with drawings TT-llOlO_ and TT-16182,
respectively. Various types of coupons were used with the aluminum + wire

l_r_inates. These are described in the body of the report in sections pre-
senting test results. The test specimen designs used for composite sheet

materials, were adopted after some e:_perimentation. Early composite test
specimens were rectangular in shape and had no end reinforcements. Consi-

derable difficulty was experienced with premature failure in these specimens

due to uneven applications of load. Use of the end reinforcement pads,

provided considerable improvement. However, some premature failures continued

to occur, with attendant scatter of data, due to the difficulty of controlling
specimen preparation and geometry.

D-I



NORTH AMERICAN AVIATION. INC. / LOS ANGELES DIVISION _6,.,_3.'l 3._ _

A conventional 2-inch averaging extensometer, Figure 5, was used for all

roo_ temperature tension tests on metallic materials. The point contacts on

this instrument tended to cause premature failure in the resin matrix

specimens. A clamp-on extensc_eter, Figure l, with a llne contact,
was used with all resin matrix specimens. This type of extensome_er was

used also in all tension tests at temperatures other than roam temperature.

EDGEWISE CO_SRESSIVE TESTING

Edgewise compression specimens were prepared in accordance with drawing
TT-16808. The loading mechanism and mechanical deflectometer for edgewise

compression tests at room temperature are shown in Figure 6. The strain gage

in this figure was used only in the check out tests discussed below.

A mechanical deflectometer arrangement which was adaptable to coxfine_

spaces was used for edgewise compression testing at elevated temperature am_

cryogenic testing, Figures 7 and 8.

The accuracy of the load deformation system used for the edgewise

compression tests was checked out at room temperature by comparing the

mechanical averaging deflectameter system with strain gages and am optical
strain measuring device (0FI_0N) in edgewise compression tests on a braze_

PHIS-7_ sandwich. Figure 9 shows the complete mechanical loading an_

mechanical deflectometer set-up with the strain gages and gage instrumenta-

tion, Figure i0 shows the optical strain measuring equipment in position_ sa_

Figure II show a diagram of the check out system and a plot of the strain

readings obtained by the various methods.

The ball through which loading was applied in edgewise compression t

Figure 6, was positioned so as to obtain equal deflection in opposite faces_

as would occur in axial compressive loading in a tank wall. With like sand-

wich faces the position of the ball was midway between the two _ces. With

unlike faces the ball was placed at the "elastic center." The "elastic center"
was determined from the areas and the elastic moduli of the two faces:

Thus, if

AI = Area of Face No. 1

E1 = R.T. modulus of Face No. I

A2 = Area of face No. 2

E2 = R.T. modulus of Face No. 2

D = Perpendicular distance between the face centers.

The loading ball would be positioned on the line connecting the center of the

faces and at the distance BI from Face No. i

Where DI = A2 E2 D

AI EI+A 2 E2

D-2 •
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With unlike sandwich faces the above loading set-up assures equal

deflections only at room temperature and only up to the proportional limit
of the materials.

The total edgewise compression load, Pt, on the sandwich was proportioned
between the two faces as follows :

Where PI and P2 are the loads on Face No. I andFace No. 2_ respectively_

and D and DI are as defined above.

Compressive stress for each face was calculated as follows:

fc = P

tb

Where : fc : face stress

t : face thickness

P : face lo 4

b = sandwich width.

F_ISE _ENSION _._G

Flatwise tension specimens were prepared in accordance with drawing

number TT-14336. The flatwlse tension loading fixture that was used at RT,
212 F, - 109 F, and - 320 F is shown in Figure i2.

FLAT_ISE COMPRESSION TESTING

Flatwise compression specimens were prepared in accordance with drawing
number TT-13175. The flatwise compression loading f_xture and the deflecto-

meter set-up used for roan temperature testing is shown in Fi@ire 13. The

same deflectometerwas used for both flatwise compression testing and

edgewise compression testing at 212 FI -109 F_ -320 F and is shown in

Figure 7- When used in the flatwise compression tests_ this instrument
was clawed to the edge of the sandwich faces.

HON-b_/CO_'_CORE SHL%R TESTING

Honeycomb core shear specimens were prepared in accordance with drawing

TT-13088. A fixture was used to maintain alignment of the loading plates

during the adhesive cure cycle. Figures 14 and 15 show the core shear

specimen and the fixture before assembly _dafter assembly t respectively.

D-3
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The test loading and _eflectometer systems used for core shear testing

at R% 2].2 F_ -109 F_ and -320 F is shown in Figure 16. Load .was applied

in compression. The deflectometer was attached to _he loading plates aria
immediately adjacent to the core_ to eliminate recording of loading plate
deformation.

Core shear modulus was calculated as follows:

Where Gc = core shear modului

P = Load at deflection

a - Core length

b -core width

t c =Core thickness

= Core deflection (relative movement of the loading plates)
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T_STS AT -_23F AS _SA/_

Facing tensile, flatwise cc_ression) and edgewise eunpression tests
were conducted generally in accordance with the procedures described In
Reference (e)o

Flatwise tension and core shear tests were conducted generally in
accordsmce with References (a) and (b). Shear loads were appl/ed by a
tension loading fixture.

The specimens subjected to the above tests at NASA/MSPC were furnished
by HAA/LAD and_ are, of the same configurations as described for tests at

212 F through -320 F_ at _A/LAD. An exception is the facing tension specimen.

For these tests recur blanks with end tabs were furnished by NAA/LAD and
machined at NASA/_FC to the configuration shown below:

ADHESIVE BOND AI/;I_NUM + WIRE.

_ / OR GLASS COUPON

/

[ _ . |

D-5
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(a) I_L-STD 4Ola, _MilAtary Sandvich Constructions and Core

Materials; General Test Methods"

(b) Fed.p Test Methods Std. No. l_.a,_ "Petals; Test _'_._:x_4"

(c) ZGZ,.S'I'_)-_6, "PZ_stio.; Methods of _est¢ug"

((l)

(e)

As_ S_-_ciflcaticn c-2_r._1 "core Shear TenthS"

ll_-P &'VE-M-63-12 "Lov Temperature Properties ot Composite
SandvAch Constructions SATURNS-XV Common Bulkhead T_pe.
O.T. Reese and C.R. Densburg 25 October 1_3.
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NORTH AMERICAN AVIATION, INC.
INTERNATIONAL AIRPORT

LOS ANGELES 9, CALIFORNIA

_A-63-1358-i3

Append/x E

CONSTRUCTION OF COMPOSITE STRESS-STRAIN CURVES

The construction of tension stress-strain curves of the sheet-wire com-

posites is based on the assumption that the load-carrying ability of the
composite is the sum of the load-carrying abilities of the metals, with no
contribution from the resin. Hence, two composites with the same cross-

sectional area of wire and metal sheet, but with different amounts of resin,
will have the same load-deflection curves.

Using the notation of figure i; loads in the composite (_) at
various strains (_) are calculated from the formula

Ao[K, (,-K)] (1)

The stresses (0_) corresponding to the strains are obtained by dividing equa-

tion (I) by the composite area (A=). Such calculated pairs of stresses and

strains determine a stress-strain curve which neglects any effect the resin
may have on composite thickness. To construct the stress-strain curve of a

composite based on the physical area of the composite, including any area added

by the resin, the thickness of the actual composite, including the resin,
must be physically measured. Stress in the actual composite is then obtained

by dividing "p@" by the measured area of the actual composite.

P-I
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NORTH AMERICAN .AVIATION, INC. ,,,,,,_. o,

_A-63-1358-13
Figure I- .,_,_,_.

CGMPOSITE S_ESS-S_AIN CURVE

CONSTRUCT_ION .o°_ ,_.

NOTATION : CT.d= 5TEESS IN _I_E AT 5TRA_ £

CT_ - %_,_ESS _ COHPOSlT_ A'r s_RJ_ _..

O_c,.,: _iELD 5TRE%% OF COMPO5ITE AT %TR/_I_ £_

K - RATIO OF' 5T_E_% IN 5_EE'T "tO 5T_E%5 _ _IIR___G_

_'c = CRO55 5ECTIO_/_L A_E/_ Or cO_?OSI'TE = As+ A_-

A,.j= CROSS SECTIONAL ARE_, 0_" _E

A s = CROSS SECTIONAL AREA OF _EEr

= _ATIO OF _IRE AREA TO COPIPOS_TE AP.EP, - _"_A"_--,,,
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